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PREFACE

The Hughes Aircraft Company Pioneer Venus final report is based on
study task reports Prepared during performance of the "System Design Study
of the Pioneer Spacecraft,” These task reperts were forwarded to Ames
Research Center as they were completed during the nine months study phase.
The significant results from thes= task reports, along with study results
developed after task report publication dates, are reviewed in this final
report to provide complete study documentation. Wherever appropriate, the
task reports are cited by referencing a task number and Hughes report refer-
eénce number. The task reposrts can be made available to the reader specific=
ally interested in the details omitted in the final report for the sake of brevity,

This Pioneer Ven

us Study final report describes the following baseline
configurations:

° "Thor/Delta Spacecraft Baseline' s the baseline presented at
the midterm review on 26 February 1973,

® "Atlas/Ceantaur Spacecraft Baseline'
from studies conducted since the mid
of the NASA execution phase RFP, and subsequent to d-cisions

to launch both the multiprobe and orbiter missions in 1978 and
use the Atlas/Centaur launch vehicle,

is the baseline resulting
term, but prior to receipt

® "Atlas/ Centaur Spacecraft Midterm Baseline' is the baseline

presented at the 26 February 1973 review and is only used in the
launch vehicle utilization trade study.

The use of the International System of Units (SI) followed by other
units in parentheses implies that the principal measurements or calculations
were made in units other than SI. The use of SI units alone implies that the
Principal measurements or calculations were made in SI units. All conver-
sion factors were obtained or derived from NASA SP-7012 (1969).

The Hughes Ajrcraft Cormpany final repo

rt consists of the following
documents:

Volume 1 - Executive Summary -~ provides a summary of the major
issues and decisions reached during the course of the study. A brief

description of the Piuneer Venus Atlas/Centaur baseline spacecraft
and prubes is also presented
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Volume 2 -~ Science ~ reviews science requirements, documents the
science~peculiar trade studies and describes the Hughes approach
for science implementation,

Volume 3 ~ Systems Analysis ~ documents the mission, systems,
operations, ground systems, and reliability analysis conducted on
the Thor/Delta baseline desiygn.

Volume 4 - Probe Bus and Orbiter Spacecraft Vehicle Studies -
presents the configuration, structure, thermal control and cabling
studies for the probe bus and orbiter. Thor/Delta and Atlas/Centaur

baseline descriptions are also presented,

Volume 5 - Probe Vehicle Studies - pPresents configuration,
aerodynamic and structure studies for the large and small probes
pressure vessel modules and deceleration modules. Pressure
vessel module thermal control and science integration are discussed.
Deceleration module heat shield, parachute and separation/despin

are presented. Thor/Delta and Atlas/Centaur baseline descriptions
are provided,

Volume 6 ~ Power Subsystem Studies

Volume 7 - Communication Subsystem Studies

Volume 8 - Command/Data Handling Subsystems Studies

Volume 9 - Altitude Control/Mechanism: Subsystem Studies

Volume 10 - Propulsion/Orbit Insertion Subsystem Studies

Volumes 6 through 10 - discuss the respective subsystems for the
probe bus, probes, and orbiter. Each volume presents the sub-
system requirements, trade and design studies, Thor/Delta baseline
descriptions, and Atlas/Centaur baseline descriptions.

Volume 11 - Laurich Vehicle Utilization - provides the comparisocn
between the Pioncer Venus spacecraft system for the two launch
vehicles, Thor/Delta and Atlas/Centaur. Cost analysis data is
presented also.

Volume 14 ~ International Coovperation ~ documents Hughes suggested
alternatives to implement a coovperative effort with £SRO for the
orbiter mission. Recommendations were formulated prior to the
deletion of international cooperation,

Volume 13 - Preliminary Development Plans - provides the
development and program manageiment plans.




Volume 14 - Test Planning Trades ~documents studies conducted to
determine thze desirable testing approach for the Thor/Delta space~
craft system. Final Atlas/Centaur test plans are presented in
Volume 13,

Volume 15 - Hughes IRED Documentation - provides Hughes internal
documents generated on independent research and development money
which relates to some aspects of the Pioneer Venus program. These
documents are referenced within the final report and are provided for
ready access by the reader.

Data Book -presents the latest Atlas/Centaur Bauseline design in an
informal tabular and sketch format. The informal approach is used
to provide the customer with the most current design with the final
report.
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1. SUMMARY

This volume discusses the requirements, trades, and design
descriptions for the probe pus and orbiter spacccraft configuration, struc-
ture, thermal control, and harness. Designs are developed for Thor/Delta
and Atlas/Centaur launch vehicles with the lattey selected as the final bas¢-
line.

1.1 MAJOR 1SSUES

The pr'mcipa.l NASA requirements for spa.cecra.ft desigpr are spin
stabilization, 1ow cost, maximum c ommonality of probe bus and orbiter
configurations and hardware. The nominal science payload is speciﬁed by
NASA for the probe bus, a large probe and three identical small probes,
and for the orbiter spacecraft.

The major issues examined in achieving the baseline design are shown
in Table 1-1. Most of the gignificant configuration trades center around the
orbiter, and in particulaT, the constraints and performance in Venus orbit.
The probe bus design is influenced first by its primary function to transport
and scparate the probes and the subsequent bus entry mission and, secondly,
by the goals of commonality with the orbiter in order to reduce development
cost. The speciﬁcation of one large probe and the use of tangential velocity
{rom the bus spin rate to targct three identical small probes has cssentially
climinated any major configuration trade issucs in this arca.

Spin axis orientation is very important in Venus orbit becausc of
pointing rcq,uirements for science experi,ments and carth communications.
The carth pointing spin axis constrains science coverage throughout the
mission unless propcllant consuming attitude maneuvers are employed
pcriodicauy. The associated solar angle variation greatly complicates
solar power and thermal design. Spin axis porpcndic:ular to ccliptic pro-
vides good science coverape with simpler powcr/thermal configuration.
The probe bus retains spin axis oricntation pcrpcndicular to the ccliptic
during cruise to preserve commonality with the orbitcr.

With the spin axis pcrpcndicular to ccliptic, the orbiter high gain
antennd (HIGA) scelection narrows down to use of a mechamcally oF clectrically
Anspun antennd (MDA or DAY (A stack of three bicone antennas was con-
gideved mt poguires eRee8sIve fransmittcl power to et the neeeasary RPY.
The confignration van accomodate cither an MDA or EDA, but the MDA is
solected hased on flight axperience ap Many .s'pacuctra'ft (rmfontl,y, Intolsal v,
Telosat) aned lewer deve Jopraent cost.
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The mechanical despin approach also offers more options in
implementation of the dual frequency (S/X band) radio accultation experi-
moent. Approaches involve mounting a separate fixed X band horn with the
5 hand HGA or using a dual feed S/X HGA and using it either with an eleva-
tion drive (azimuth is by the despin system) or by precessing the spacecraft,
The separate X band born approach is selected on the basis of lowest cost/
weight, high reliability, and simple experiment/bus interfaces.

The radar altimeter antenna sclection - mechanically or electronically
steered - is influenced by the range or orbit periapsis latitudes required and
possible associated requirements to deploy the altimeter to provide adequate
viewing. The electronically-stecred version is easier to integratc in this
regard, and docs not couple to the spinning spacecraft dynamics. The
requirements of velocity pointed experiments and radar altimeter antcnna
viewing near periapsis are both satisfied over range of interest (0 to 60 N
and S) in periapsis latitudes by mounting the radar antenna on the forward
(HGA) cond of the spacecraft along with the other experiments on the cquip-
ment shelf. The accomodation of a selected periapsis latitude requires only
the positioning of the antenna at the appropriate fixed angle to the spin axis
by design of the support structure.

The magnetometer boom integration trade begins with the reduction
of spacecraft irduced magnetic ficld at the sensor with increased boom length.
The cost of spacecraft magnetic cleanliness and controls over the boom
length of interest is traded against cost of bocm development and issues of
“long' boom design and integration, s'ich as methods of articulation, deploy-
ment, stowage, mounting locations, spacecraft dynamics, failure modes and
effect of spin rate, and orbit insertion acceleration. A long (4.4 m), three
link boom is selected for lowest program cost, best'science performance,
and more favorable failure mode.

The selection of an orbit insertion motor impacts the configuration,
since it can be either liquid or solid, and its size is influenced by the desired
mission flexibility. Mono-liquid approaches are too heavy because of their
low specific impulse. Biliquid systems are competitive with solids in system
weight, but are somewhat more difficult to integrate and relatively costly.
Existing solid motors are available, with some modifications, for all
orbiter mission opportunities in 1978 and 1980 and arc sclected as the
lowest cost approach. The central thrust tube of the spacecraft is sized
to accomodate all candidate motors with modification only of the motor

attach ring structure.

The cquipment shelf arrangement has been selected as an open shelf
rather than a compartmentized approach, The open shelf is structurally
lighter, more accessible, and is less constraining in achievement of mass
balance, lower harness weight, and desircd power dissipation distribution
for thermal control. The aft (thrust tube) end of the spacceraft is selectoed
for thermal louver radiation as the four probes limit use of the forward side.
The louvers are mounted on the aft side of the shelf oo the arbiter to main-
tain comronality with the probe bus. Use of louver- on the aft side and
cquiproent on the forward side also facilitates access, experiment integration




and thermal hlanket desipgn and placement
increased by maintaimng identical installations of those subsystems and/or
experiments that are common to hoth spacecraft,

Fhe thermal cantrol of probes while on the spacceraft has heen coval -
nated with the condition that passive thermal surface technigues be used to
provide a minimum prossure vessel temperature prior to Venus cntry,
Meeting this condition produces low probe temperatures carly in crujso,
requiring spacceeraft power to prohe heaters to maintain acceptable non-
operating temperature levels, An alternate design requires probe heater
used afier separation leading to higher weight and volume in the probes.

Beryllium had been utilized selectively for required weight reduction
of spacceraft structure in the Thor/Delta design. Aluminum is seclected for
the Atlas/Centaur basecline for lower cost and risk,

Matrix~double density subminiaturce connectors (used on OSO-I)
using crimped contacts and 24 AWG wire are sclected in the wire harness
for lower ccst. The alternates include microminiature connectors with
soldered contacts and 28 AWG wire.

The final major issue is the selection of the baseline mission set
of launch opportunities for multiprobe and orbiter missions. NASA-ARC
has di-ected that both missions be planned for Atlas/Centaur launch
vehicles in 1978, A type I probe launch is planned for August 1978 with
separated spacecraft mass of 813 kg (1793 1bs) and a mass contingency of
150 ky (330 1bs), which is 19 percent of the dry spacecraft rmass less bus
science of 13,7 kg (30 1bs)., The trade issuc involves the trajectory and
Venus orbit selection for the orbiter. One possibility is an August 1978
launch (type I, 13° N periapsis in Venus orbit), which has a dry rmass in
orbit of 405 kg (892 1bs) and contingency of 35 percent of the dry mass in
orbit less science of 47,5 kg (105 1bs). The orbiter type I case requires
a launch within several weeks of the multiprobe mission launch., The other
opportunity is a type II (56° S) launch in May 1978 which has dry mass in
orbit of 290 kg (640 1bs) and contingency of 10 percent. This mission has
been selected as the orbiter bascline because of better mid-latitude science
coverage near periapsis and climination of closely separated launches.
The HGA mast length has been selected to allow radar altimeter antenna
positions for all latitudes between 15° and 56° (or higher). For example,
a 1980 orbiter type II (26° N) launch has a contingency of 17 percent and
can be accomodated, by use of the TEM 616 orbit insertion motor (attach
ring modification) and moditication to radar antenna support structure,

l. 4 BASELINE DESCRIPTION

The spin stabilized probe and orbiter spacecraft configurations
developed for launch on the Atlas/Centaur are shown in exploded views in
Figure 1-1. The conligurations are derived from flight=-proven communica-
tions satellites, particularly the Telesat-Anik and feature a high degree of
subsystem hardware commonality,

»  The shelf conmonality is fiirthor
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ed for operation with spin axis perpendicular

Both spacecraft are design
s cuch as trajectory correcs

v 4 ept for maneuve
bus entry, a1

rs and period

to the ccliptic
yd orbit insertion,

tion, probhe release,

The pranary strud tural eclements common 10 the probe bns and

are the central conical alurminum thrust tube, alurninum houeycormb
shelf support struts, and the 254 ecm (100 in.)

of fiberglass face sheets and amminun.

ntral conical support giructure
nd of the thrust

large probe is

orbiter
sandwich equipment shelf, 12
or solar pancl cylinder madc
On the probe bus, a e
with associated sccondary structure attaiches to the upper ¢
tube to support the large probe and three sinall probes. The
separated axially using springs; the small probes are sp‘inasnparatcd,
simultancously, to minimize targeting errors due to induced nutation.

On the orbiter, an cxisting quadrapod structare (from: Telesat) attaches

to the forward end of the thrust tube and suuports the bearing and power
transfer assembly (BAPTA) uscd to mechanically despin the mast mountud,
82.5% cm (32.5 in.) diameter S band high gain antenna, and X band horn

(for the occulation cxperimcnt) and the forward omni antenna. The Tutelsat

IV launch vehicle/spacecraft attach fitting is used with both spacccraft.

diamet
honeycomb corce,

The hydrazine propulsion tanks and feed are supported on the thrust
on the probec bus and frur —¢ @ .&)

Four radial and two axial thrusters
the orbiter are attached through . por!

structures to the equipment shelf. The thrusters provide recandancy in
trajectory correction, spin and attitude control. A solid-statc star sensor,
mounted on the shelf at an angle of 58° with the spin axis, and sun sensors
provide the required attitude references.

e- stretched TEM-521 solid propellant orbit
votor attach ring internal to the thrust
d inside the thrust tubez on the probe

tube.
and threc axial thrusters or

On the orbiter, the cas
insertion motor is mmountcd on the v
tube. The bicone antenna is rnounte

bus.

Five probe bus and nine orbiter experiments are installed,
principaily, on the equipment shelf, Velocity pointed experiments are
positioned for bus entry conditions and Venus orbit periapsis latitude.

The threc-link, 4.4 m (14,5 ft) magnetometer boom is stowed just above
solar cylinder on the orbiter and is deployed, contrifugally, after initial
spacccraft spinup, in a plane perpendicular to the spin axis. The rlec-
tronically steered radar altimeter antenna is positioned with its pointing
angle at 34° with the spin axis to provide required radar beam pointing near
the baseline orbit periapsis latitude of 56°. Other latitudes are accomor-
dated by varying the fixed angle of the radar antenna installatin. The

high gain antenna mast length is gufficient to allow repositioning for a
periapsis jatitude of 13° without RFI.
craft subsystem components are also mounteu on the forward
stallations arc planned for cquipment

Ten (12) louver modules are mounted
rmal control

Bpace
..de of the shelf. Identical shelf in

common to probe bus and orbiter.
on the aft side of the probe hus {orhiter) sheld for primary the
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by radiation out of the aft spacecraft cavity, The bodv of the spacecraft is
enclosed on all external surfaces (except the outer solar panel cylinder)
with multilayer aluminized Kapton blankets. In the aft cavity, the blanket
is placed over the solar panel cylinder, the outer thrust tube and tanks and
the aft shelf with cutouts at each louver module,

The spacecraft mass summary is shown in Table 1-2 for the baseline
missions, type I, 1978 for multiprobe and type II, 56° S, 1978 for orbhiter.
The experiment payloads used are those specified by NASA-ARC in April
1973 and include the recommended 15 percent experiment contingency. The
orbiter experiment payload has been increased by 2.13 kg (4.7 1lbs) to
account for the current ITughes estimate of the additional mass (over the
NASA-ARC allowance) required to implement the dual frequency occultation
cxperiment,

TABLE 1-2, SPACECRAFT MASS SUMMARY

Multiprobe Orbiter

Item Kg (Lb) Kg (L.b)
Bus (dry) 191.5 ( 422.1) 217. 6 ( 479. 1)
Large probe | © 245,11 ( 540,4) |  cececme cmeaa
Small probe (3)#: 190.8 ( 420.6) |  cecene cce=-
Spacecraft subtotal 627.4 (1383.1) 217.6 ( 479.7)
Contingency 149.6 ( 329.8) 25,3 ( 5.8)
Experiments (bus or spacecraft) 13.7 ( 30,3) 47.5 ( 104, 3)
Sracecraft total (dry) 790, 7 (1743.2) 290.4 ( 640,3)
Propellant and pressurant 22,4 ( 49.4) 27.0 ( 59.4)
Orbit insertion motor | ceces canana 143.3 ( 316.0)
expendables
Spacecraft total (wet) 813.1 (1792, 6) 460.7 (1015.7)
Spacecraft attach fitting 31,3 ( 69.0) 31,3 ( 69.0)
IL.aunch Vehicle Payload 844, 4 (1861,6) 492.0 (1084.7)

Includes 31,6 kg (69,7 lbs) for experiments
“Includes 4,6 kg (5, 8 1bs) for experiments (for one probe)
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2. INTRODUCTION

'This volume discusses the probe bus and orbiter spacecraft studies
performed during the Pioneer Venus Systems Design Study initiated
2 October 1972. The volume content is lirnited to vehicular aspects, such
as spacecraft configuration, structure, thermal control, and harness.
Other spacecraft and probe subsystems are discussed in subsequent
volumes. Each section on these vehicular subjects includes a discussion
of requirements, trades studies, a description of the baseline design for
the Thor/Delta launch vehicle and a description of the final Atlas/Centaur
baseline design. These discussions constitute the final report material in
satisfaction of selected tasks in subsections 2.1, General Tasks, and 2.2,
Design, in the Statement of Work of the Pioneer Venus Mission Systems
Design Study, 2-17502, Revision 2, 7 November 1972 and the accompanying
requirements specification.

The Study was initiated using the Thor/Delta launch vehicle. Revi-
sion 2 of the Statement of Work included an additional parallel study of a
design for the Atlas/Centaur launch vchicle. Use of the Atlas/Centaur
was predicated on using the greater launch vehicle payload weight and
volume for the purpose of achieving low cost objectives. The two base-
line designs were developed and evaluated, including cost and weight trades,
and presented at the midterm review of the Systems Design Study on
February 26 and 27, 1973. Due to phasing of the study, the major trades
and issues at midterm were based to greater extent on the Thor/Delta
bascline and this is reflected in the final report content. Most of the
trades, however, apply in their principal conclusions to the Atlas/Centaur
desiga.

Subsequent to the midterm review, NASA-ARC on 13 April 1973
redirceted the balance of the study effort exclusively to the Atlas/Centaur
bascline with both multiprobe and orbiter missions to be launched in the
1978 opportunities. A modificd science experimeont payload was also
included in this redirection, The subsections on Atlas/Centaur baselinc
in this volume arc, thercfore, responsive to the April redirection. The
subsections also include, as required, some additional trade studies
pertinent to the Atlas/Centaur design. The Thor/Delta basecline description
suhscctions refer to that design presented at the midtern roview,
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3. CONFIGURATION

Probe bus and orbiter spacecraft configurations have been designed
in accordance with basic requirements for spin stabilization, maximum
commonality and low cost spacecraft subsystems. Major configuration/
structure elements such as equipment shelves, struts, thrust tube propul-
sion tank installations, solar panel cylindrical substrates are designs
common to the probe bus and crbiter. The configuration approach includes
use of a mechnically despun antenna (MDA) on the orbiter and is derived
from flight-proven Hughes commercial and military satellites, particularly
the ANIJK-Telesat. The study includes designs for both Thor/Delta and

Atlas/Centaur launch vehicles.

The principal configuration trade issues and appoaches are summar-
ized in Table 3-1. The selections resulting from these trade studies have
resulted in configurations with spin axis orientation perpendicular to the
ecliptic except for transient periods of trajectory correction, probe release,
probe bus entry, and orbit insertion. Attitude references are provided by

sun and star sensors. Attitude/spin control and trajectory corrections are
provided by axial and radial hydrazine thrusters.

The probe bus targets the large probe by separating the probe along
the spacecraft spin axis. Later, three small probes are released gimul-
taneously and acquire lateral velocity for target separation from the probe

bus spin rate.

oven, mechanical despin technology to peint

the parabolic high gain antenna toward earth, A separate X-band antenna

is mounted with the HGA Atlas/Centaur baseline for the occultation experi-
ment. An electronically steered radar altimeter antenna is positioned to
various orbit periapsis latitudes., Existing solid propellant rocket motors are
available to accommodate the range of arbit insertion impulse required for
the launch vehicles ard mission opportunities studied. The magnetometer
boorn integration is more difficult on Thor/Deolta because of weight limitations
and specifications limiting spacecraft unbalance during beoost. A longer boom
is used on the Atlas/Ceuntaur design to recuce the cost of magnetic cleanliness

for the spacecraft,

The orbiter usus flight-pr

An open equipment shelf design allows maximum flexibility for
installing common hardware in prohe bus and orbiter without compromising

spacecraft balance and thermal design.

3-1
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Spacecraft weight was a substantial problem with the Thor/Delta
launch vehicles. Relatively expensive weight reductions were implemerted
in the midterm design to attain even marginal weight contingency of 6 to 7
percent for either mission. The reductions involved use of beryllium in
spacecraft and probe aeroshell structures and large scale integrated (LSI)
circuits in epacecraft and probe command and data handling subsystems.

In contrast, the Atlas/Centaur contingency was over 20 percent for the
allowable launch mass and mission sets applicable at midterm (probe, type
I, 1977; orbiter, type I, 1978).

In April, experiment payloads were revised, probe and orhiter
launches were both planned for 1978, and allowable Atlas/Centaur payload
was increased by 75 kg (165 lb). The trade of type I vs. type II trajectories
and associated periapsis latitudes was reviewed for Atlas/Centaur and re-
sulted in selection of type I for the probe mission and type II, 56° S periapsis
for the orbiter. The launch weight contingency for the current baseline
mission/spacecraft design is 19,3 percent for the probe mission and 10, 4
percent for the orbiter mission,

3.1 REQUIREMENTS

The spacecraft designs for the two proposed Pioneer Venus missions,
probe and orbiter, are influenced by a combination of requirements imposed
by several arcas. While some of these are common for both missions and
can be accommodated in similar fashion, others are unique to each space-
craft.

The initial requirements on the designs are delineated in the Systems
Design Study Specification and Statement of Work, These documents direct
that for both missions the spacecraft shall be spin stabilized, and provide
maximum commonality between probe bus and orbiter spacecraft systems
and subsystems consistent with mission objectives and performance require-
ments,

On the multiprobe mission, the large and smali prohes and the probe
bug are targeted to the desired impact sites by orienting the probe bus to
the desired direction. The large probe is separated ir. an axial direction
relative to the spacecraft, the small probes are separated in the same direc-
tion but are given a lateral component of velocity from the spacecraft spin
rate (=70 rpm at separation). Therefore, the configuration must provide for
interference-free axial and lateral separation paths for the four probes and
the ability to change spin rate. Also, the small probes must be arranged
symmetrically about the spin axis for static and dynamic balance which
results in a symmetrical targeting since, for effective separation, the small
probes must be separated simultaneously. A final reorientation is made
for targeting the probe hus for entry with spin axis orientated along the
carth line and close to the velocity vector,

For the orbiter missionthe selection of a type [ or type II transit
trajectory determines the size of the orbit insertion motor that must be
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accommodated by the configuration. It also establishes the range of periapsis
latitudes that arc available., The sclection of a latitude establishes pointing
angle requirements for those experiments that desire orientation in the
direction of velocity at periapsis or for the radar altimeter which points

along the planet radius vector.

A nominal payload of science experiments was established for each
mission and these are discussed in Volume 2. Maost of the experiments have
desired line of sight angles relative to the spacecraft and need unobstructed
fields of view to permit their proper operation. Also, the neutralmass
spectrometer, assumed to be of the magnetically focused type, rust be
located remotely from those instruments affected by a magnetic field such
as a magnetometer, retarding potential analyzer, electronic temperature
probe and ion mass spectrometer. These requirements thus impose limita-
tions to the locations of the experiments on the spacecraft. Velocity oriented
experirients must be installed on the probe bus for proper attitude during
bus entry and on the orbiter for near-periapsis operations.

The final spacecraft configuration is the end result of integrating the
subsystems necessary for accomplishment of the mission. The individual
subsystem requirements, mass, volume, and form factor and their inter-
action with each are all factors to be dealt with in establishing the best
arrangement. For subsystem units that are to be shelf mounted, considera-
tion must be given to their locations for reasons of mass balance, thermal
distributions, interconnect harness lengths to minimize line losses, in
addition to functional arrangement. The need for maintaining unoostructed
fields for attitude control seasors and rf antenna beams, prevention of solar
array shadowing, clearance from motor exhaust plumes, are some of the
requirements affecting the external arrangement.

Two different launch vehicles are considered, Thor/Delta and the
Atlas/Centaur. The major areas of constraint to the spacecraft for each
launch vehicle as shown in the Design Study Specification Appendices C and
D, are noted in Table 3-2.

3.2 TRADES

The principal trade considerations in development of the probe bus
and orbiter spacecraft configurations are presented in this subsection. ’
Most of these trades were conducted for Thor/Delta design conditions, how-
ever, most of the results apply to Atlas/Ceniaur versions. Additional
trades performed specifically for the final Atlas/Centaur baseline design
are discussed in subsection 3.4. !

PJ'”J; Axis Oﬁegﬁation

Spacecraft spin axis orientation is a drivinrg factor in configuration
and subsystem design  On the orbiter, orientation is critical to the viewing
direction of the science experiments over the Venusian year. The science \
coverage and mission trades of this selection are discussed in Volumes 2 i
and 3, The spacecraft design trades are summarized in this volume.

3.4
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TABLE 3-2. CONFIGURATION CONSTRAINTS IMPOSED

BY THE LAUNCH VEHICLES

Configuration Constraints

Thor/Delta

Atlas /Centaur

Maximum probe bus
payload mass (includes
spacecraft adapter)

Maximum orbiter pay-
load mass (includes
spacecraft adapter)

Maximum payload
diameter (launch
configuration)

Spacecraft c. m. alignment
(launch configuration)

Spacecraft inertial axis
alignment (launch
configuration)

Launch vehicle spin rates

Maximum center of mass
height above separation
plane

Adapter or attach fitting
interface diameter options

405, 65 kg (894. 3 1b)
{includes telemetry

unit)

314, 38 kg (693. 1 1b)
(includes telemetry
unit)

218.4 cm (86,0 in.)

c. m, offset to space-

craft centerline no

greater than 0. 38§ mm

(0. 015 in.)

Principal axis of
inertia tilt not
greater than 0. 002
rad (0.1 deg)

Spin rates up to
100 rpm

107 ¢m (42 in.) for
408 kg (900 lb) pay-
load on 63.5 cm
(25 in. ) adapter

45,7 cm (18.0 in.)
63.5 cm (25,0 in,)
94 cm (37.0 in.)

844, 4 kg (1861, 6 1b)
492 kg (1084. 7 1b)
266.7 cm (105 in,)

Not specified
Not specified

Spin rates up to

12 rpm-optional
(if Delta spin table
and adapter used,
spin rates up to
120 rpm-optional)

Not specified

94 ¢m (37.0 in.)
113 cm (44.5 in.)
140 cm (55. 0 in.)
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1. PERPENDICULAR SIMPLEST THERMAL CONTROL
TO ECLIPTIC & POWER SUBSYSTEM DESIGNS
2. DIRECTED FIXED HIGH GAIN -
TO EARTH ANTENNA

3. PERPENDICULAR
TO ORBIT PLANE
{AROUND VENUS)

BEST FOR PLANET AND
VELOCITY POINTED EXFERIMENTS -
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FIGURE 3-1. ORBITER SPIN AXIS ORIENTATION OPTIONS
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Figure 3-1 illustrates the options on spin axis orientation for the
orbiter: 1) perpendicular to the ecliptic, 2) directed to the earth, and 3)
perpendicular to the orbit plane around Venus. Also shown are configura -
tion approaches compatible with the particular spin axis orientation. Con.
{iguration A requires use of a despun antenna system (MDA is shown) for
the data rates in th» orbital phase of the mission and uses a cylindrical
solar panel with thermal louvers on bottom surface of the equipment shelf, i
Large solar angle variations occur for configuration B (Figure 3.1) requiring
use of solar panels on fore and aft surfaces of the spacecraft in addition to
that on the cylindrical surface, The solar angle variation also complicates
the thermal design (see subsection 5.2) and requires a capability of radiating
from both ends of the spacecraft with the associated need for additional
louvers and shelf area, Configuration B uses an earth pointing high gain
antenna (HGA) and spacecraft spin for use in a conical scan as an attitude 1
reference, Attitude reference studies (Volume 9) have shown, however,
that configuration B also requires a star sensor for spin sector reference,

The science coverage studies (Volume 2) indicate the Spin axis per-
pendicular to the ecliptic is preferred (case 1, Figure 3.1) to the earth
Pointing mode (case 2), Case 3, perpendicular to Venus orbit pPlane is well-
suited for planst and velocity pointed experiments hut requires a reorienta -
tion on every orbit for downlink data dump near apoapsis. This maneuver is
costly in propellant (see Figure 3-2) and is restrictive operationally,

e A i o ae

Table 3.3 summarizes the major issues in the Thor/Delta orbiter ‘
Spacecraft mechanization trades as a function of spin axis orientation. The
structure and adapter mass increase for configuration B as a result of
thermal/power complexity and the method of integrating the 81 c¢m (32 in)

HGA. The weight is crucial for a Thor/Delta mission and, combined with

the science and operations factors, results in one more factor to favor the
spin axis perpendicular tc ecliptic for the baseline. The weight trade is also
significant for the Atlas/Centaur missgion particularly for the 1978 type II
orbiter mission. Note that accommodation of an occultation experiment,

with an elevation excursion of + 20 deg would probably require reorientation

of the spacecraft for configuration B. The antenna positioning aspects are
major complications to configuration B but only minor extensions of configura -
tion A (when using an MDA).

The largest cost element in the trade is the despun system consisting
of the bearing and transfer assembly (BAPTA) and the assaciated despun
electronics which is estimated at $1. 5 M in configuration A. The cost of
added solar panel, structure and thermal design complexity of configuration
B is estimated to be within $300 to 400 K of the above cost of the despun i
system,

Spin axis perpendicular to the ecliptic is selected for the orhiter
bascline because of:

1) Improved science instrument pointing and coverage over mission
life

3-7
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2) 3impler power and thermal design

3) Lower weight

Spin axis perpendicular to ecliptic is used on the probe bus spacecraft
in cruise phase for commonality with the orbiter spacecraft. Off-normal

= angles occur only trausiently for trajectory correction, probe release
-saneuvers, and during bus entry,

High Gain Antenna Approaches for the Orbiter

The orbiter spacec:aft requires a high gain antenna for data trans-
mission in Venus orbit. The trade consideration between mechanically
despun antenna (MDA) or electrically despun antenna (EDA) approaches has
been evaluated in Volumes 3 and 7. The impact on spacecraft configuration
and weight will be reviewed herein. The principal trades were made for
the midterm Thor/Delta design, but the conclusions apply generally to the
Atlas/Centaur version.

A comparison for the various antenna approaches, based on signifi-
cant performance parameters and relative weights, is shown in Table 3-4
for the Thor/Delta design. The common performance parameter used was
to design each system to essentially the same ERP,

The MDA candidate configuration designed for spin axis per pendicular
to the ecliptic is described in subsection 3,4, The MDA is a focal point fed,
82.5 cm (32.5 in) diameter, 23.5 dBi gain, parabolic reflector antenna. Two
configurations using alternate EDA approaches are shown in Figure 3-3.

The EDA preliminary designs are taken from a Texas Instrument Study. The
separate EDA design is similar to the TI nominal. The integrated EDA is
built into an extension of the solar panel.

Also shown in Table 3-4 is a summary of parameters obtained from
ARC for a Philco-Ford SMS antenna adapted for Pioneer Venus. The weight
trade shows the MDA baseline and separable EDA design as comparable. The
integrated EDA solar panel design appears to offer no real advantages and
complicates somewhat the commonality of the solar cell array cylinder with
the probe bus. The weight penalty of the SMS design is prohibitive for the
Thor/Delta mission and is significant for the .Atlas/Centaur type II 1978
orbiter mission.

A summary of other selection factors is listed in Table 3-5. The
despin system consisting of the bearing and power transfer assembly (BAPTA)
and the despin control electronics (I’CE) has been used on many Hughes flight
spacecraft with a rnission lifetime up to 7 years. The MDA approach, there-
fore, represents flight-proven technology. It is estimated that the cost of
development of an EDA would equal or exceed cost of providing the MDA Sys-~
tem. The MI?A also will accommodate, relatively easily, radio science
capability such as two dimensional steering or dual-frequency occultation.
Pased on the factors presented, the MDA has haen selected in the orbiter
configuration haseline,
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the planet will be scanned in azimuth once per spacecraft revolution, permitting
the planet subspacecraft surface to be mapped,

Two methods of implementing the elevation scan were given by NASA/
ARC. One uses a focal point fed elliptical paraboloid for the antenna and ele-
vation steering is provided by a mechanically driven single axis gimbal. The

otner option is a planar array with electronic beam steering in the elevation
plane,

The mechanically steered antenna must be positioned on the spacecraft
to not only provide for an unobstructed rf beam but also assure the volume
swept by the reflector during scan is clear. In addition, the mass movement
of the antenna during scanning must be considered in the spacecraft dynamics.
However, the electronically-steered radar antenna only requires the rf beam
field to be kept clear, and since no mass is moved during the operation, it
has no affect on spacecraft dynamics. The electronic scan planar array was
assumed for baseline on the basis of least complexity of integration and
dynamic affects to the spacecraft,

Figure 3-5 depicts an aft installation for a mechanically steered
version of the radar antenna, with pointing angles for a near equatorial peri-
apsis orbit, Also shown in Figure 3-5 is the forward installation of an

electronically steered planar array type with pointing angles for higher
latitude periapsis.

The spacecraft orientation in orbit is such that the forward end is in
the direction of velocity at periapsis to accommodate other science experi-
ment pointing requirements. Hence, the radar antenna line of sight initially
desires to be offset frcm the spin axis in a forward direction. The planar
array can be located on either the aft or forward end of the spacecraft. An-
tenna installation on the aft end of the spacecraft would need a deployment
scheme to place the antenna outside the solar panel periphery to maintain an
interference free field of view in the elevation plane for all but near equitor-
ial latitudes. The required extension gets greater with increase of latitude
increasing dynamic balance problems. Another area of concern for aft
installation is insertion motor pPlume heating, necessitating thermal protection.

Installing the antenna at the forward end of the spacecraft will permit
latitudes above 4 deg to be accommodated without reguiring deployable
schernes and eliminates potential plume impingement problems. In addition,
the dynamic balance problem is minimized because the antenna is nearer the
spacecraft center of gravity. However, this location does require a higaer
mast for the S-band HGA (sece Figure 3-5b). The maximurm mast length
increase is associated with type I near equatorial latitudes and is estirnated

to be approximately 45, 7 cm (18 in). The higher latitudes require less mast
height,

On the Thor/ Delta baseline, the radar antenna is installed on the for-.
ward end of the spacecraft, eliminating deployment mechanisms, plume
heating protection, and reducing counterbalancing which minimize weight and
complexity,  An additional henefit from the forward installation is realized if
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it becomes desirous to change the transit trajectory from type II - 26° N
periapsis latitude to the southern range of latitudes or to type I near equa-
torial latitudes since this change in latitude can be accommodated by the
antenna with no difficulty. For southern periapsis latitude, the spacecraft
orientation is inverted and, in orbit, the HGA, radar altimeter and star
sensor would be toward the northern hemisphere. For latitudes higher than
the baseline selection, the HGA mast can either be reduced in overall height
or left unchanged, and for latitudes below 26 deg, a slight inc rease in mast
height and weight is necessary to maintain an unobstructed field of view
between the HGA and the radar altimeter,

Liquid Versus Solid Propellant for Orbit Insertion

A major subsystem seiection influencing orbiter cm figuration is the
type of orbit insertion motor - solid or liquid. Monopropellant systems have
too low a specific impulse for this application (sce Volume 10). An existing
biproepllant system was reviewed (also with regard to International Coopera-
tion approaches, Volume 13) for application to the' Thor/Delta h:seline.
Figure 3-6 shows a slightly modified, 400 N (90 1bf) thrust, biliquid system.
developed by Messerschmitt-Boelko-Blohm (MBB) for the Symphonic
satellite,

The existing propellant tank has a usable capacity of 148 kg (326 1b),
more than adequate for type I and II Thor/Delta missions and for some Atlas/
Centaur missions. The principal modification is relocaticn of the helium
tanks to fit within the orbiter thrust tube which has been tapered slightly to
accept main tank,

The dry mass of the biliquid system was estimated at about 12 kg
(42 1b) versus about 10 kg (22 1b) for the mod:fied (shortened) TEM-521 solid
motor (Thor/Delta baseline). The higher specific impluse of the biliquid
(300 to 305 sec versus 286 sec for the solid) would allow about 3. 6 kg (8 1b)
increace in dry mass in orbit which combined with the difference in inert
motor mass still produces an in-orbit penalty of about 5 to 6 kg (11 to 13 1b)
for the liquid design. The liquid system offers some potential possible
advantages in mission flexibility. However, with adequate lead time pro-
visions, the solid motors can be rnodified/s.zed to accommodate a range of
acceptable mission opportunities (see Volume 10). The program cost in-
crease in using the biliquid system is estirnated to be in excess of $1. OM.

In view of the cost and weight factors, the solid motor has been
selected for the orbiter baseline. The thrust tube has been sized to accommo-
date the solid motors applicable to type I or type Il missions for Thor/Delta
or Atlas/Cencaur.

Magnetormneter Integration

The midterm haseline instrument payloads for both probe bus and
orhiter spacecraft included a magnetometer experiment. The insirument
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will be used to measure interplanetary magnetic fields in addition to those

fields at Venus. Therefore, it will be operative throughout the mission
starting with separation of the spacecraft from the launch vehicle,

The sensitivity of the sensor dictates that it be remotely located from
the spacecraft to minimize the magnetic .nfluences of the spacecraft. The
Thor/Delta magnetometer is deployed 107 cm (42 in) from any surface, in
a plane perpendicular to the spacecraft spin axis (Volume 2, Task No. EX.15),
The spacecraft induced magnetic field with the Mmagnetometer on the 107 em
boom is 17y (magnetized) and 2. 5 Y (demagnetized). These levels of magne -
tic field require magnetic cleanliness controls on design, parts and materials
with an estimated total Program cost of about $1, 4 M,

The launch vehicle payload envelope precludes a magnetometer
adial placement of 107 c¢m; therefore, it is hecessary to consider the
use of a boom installation. The boom will be stowed during the launch se-

The 107 ecm (42 in) clearance from spacecraft structure is achievable
by placement of the magnetometer on a boom extended radially from the
spacecraft andin a planelocated generally aft, at midpoint, or forward of
the solar array structurai cylinder. The major considerations for probe
bus and orbiter in each of these areas are summarized in Table 3-6. Probe
bus magnetometer Placement in the plane forward of the structural cylinder
must not interfere with small probe release. A small probe separation study
indicated a radial boom position adjacent to a probe, on the leading spin
side, provides maximum in plane clearance with the probe separation path,
For the boom length being considered an adequate clearance will exist,

A boom located in the aft plane presents a more difficult spacecraft
dynamic balance problem, as well as structural Support weight penalties and
solar panel shadowing (sun angles > 2 deg) for both the orbiter and bus
spacecraft. The orbiter insertion motor plume heating and impingement
effects on the magnetometer may require additional thermal protection
aggravating the dynamic balance and increasing the weight penalty for the
orbiter.

As noted in Table 3-6, the midplane is approximately equal to the
forward plane location except for solar panel shadowing by the boom and
magnetometer, at all sun angles, which makes this an unacceptable approach.

The forward plane installation design (see Volume 9) weighs 1, 36 kg
(3.0 1b) including deployment mechanism and boomi, plus 0, 54 kg (1.2 1b)
tor the magnetorneter sensor,

The spacecraft must be balanced in the mission operational configura -
tion so that the Spin axis and the spacecraft centerline are coincident, This
is to ensure proper separation of the four probes from the probe bus and
prevent misalignment of experiment pointing angles due to spacecraft wobble,
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When the boom is in the stowed position the orbiter spacecraft center of mass
(c. m. ) shifts laterally a5, 3 mm (0,21 in, ) and the principal axis tilt of =0,0] ]
rad (0. 62 deg) occurs, These values are in excess of the Thor/Delta launch
vehicle requirement noted in Systern Design Specification No., 2-17502,
Appendix C, A Thor /Delta spacecraft launch configuration c. m, offset from
its centerline is required to be no greater than 0,38 mm (0. 015 in, ) and the
principal axis of inertia tilt not greater than 0, 002 rad (0.1 deg). It is noted
that the August 1972 revision of the Delta Spacecraft Design Restraints
Manual DAC-61687 allows ¢.m. offset of 0.13 cm (0, 05 in, ) and spin axis til.

of 0,020 rad (!, 4 deg). The Atlas/Centaur launch vehicle does not have
requirements of this nature,

The direct approach to solve the axis tilt
stow and deploy a dummy magnetometer on a boo

of the magnetometer, The weight increase is a
Delta spacecraft.

and ¢, m, shift problem is to
m diametrically opposite
Severe penalty for the Thor/

Some reduction in the €. m, offset may be realized by selectively

locating the 8. 4 kg (18,5 1b) telemetry kit that is attached to the space-
craft adapter,

The use of a longer boom was investigated to reduce cost of a
control program. The Thor/Delta spacecraft boom length was increased to
3.05m (10.0 ft). A counterbalance boom is required to satisfy the balance
requirement for the Thor/Delta launch vehicle as demonstrated in Table 3-7.

The net total Program savings (reduced magnetic cleanliness versus added
boom cost) is approximately $700 K,

magnetic

The increased mass of =5, ¢ kg (12, 4 1b) necessary for the 3,05 m
magnetometer and balance boom System was highly undesirable in view of
the small mass contingency, Therefore, the shorter 107 ¢cm, and lighter
mass boom was chosen ag baseline for the Thor/Delta configurations,

TABLE 3.7. EXTENDED MAGNETOMETER
BOOM DATA (3,05 m BOOM LENGTH)

m*i\/fagnetometer, boom, harness, mechanism = 4,15 kg
(9. 15 1b)
Cc.m, offset, stowed = 9.4 mm
(0.37 in,)
c.m. offset, deployed = 52.32 mm
(2. 06 in,)
Spin axis tilt, stowed = 1.05 deg
Spin axis tilt, deployed = 2.206 deg
Counterbalance boom and balance weight = 3.37 kg J

Notes  Offsct and tilt are for the addition of the magn

assembly only, on a spacecraft that was initia
halanced, '

etometer hoom
1y dynamically
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The location required in the spacecraft for
Small probe separation clearance can also be accommodated on the orbiter
Spacecraft without penalty, hence, commonality of boorn location on the two
Spacecraft is achievable, Therefore, the integration of the magnetometer

biter spacecraft was selected for
the Thor/Delta baseline corfiguration. A longer boom can be accommodated

ch : because of higher allowable space-
craft weights,

Equipment Shelf Configuration Trade

One of the basic NASA requirements of the Pioneer

Venus spacecraft
is that they are spin stabilized. This demands a Spin to transverse mass
ratio greater than unity to achieve stability. Such ratios are a natural con-

sequence of disc like physical arrangements with the mass distribution out
near the perimeter. For this reason a subsystem single level arrangement
(open equipment shelf) facilitates mass distribution toward the perimeter,
and as such is a candidate approach to configure the Spacecraft equipment,

NASA/Hughes OSO-III scientific spacecraft pro
ment philosophy of dedicated Compartments for each i
subsystem isolation, The Compartmentalized and o

gram uses an arrange-
nstrument Providing
pen sheilf arrangement

The study conclusion is that a com
and thermal balance by restricting the loc

are readily met by the open shelf approach. Hence,
shelf maintaining subsystem and pPayload locati
pProbe bus and orbiter, Also, the open shelf
side of the shelf to be used if necessary,

Spacecraft Launch Mass and Contingency

A very significant trade issue for Pioneer Venus is spacecraf mass
and contingency allowance especially for the Thor/Delta, In fact, rather

costly weight reductions were required in the midterm design to attain even
a marginal contingency,

A weight comparison summary is shown in Table 3-
orbiter s, acecraft midterm baselines for Thor/Delta and A
The liquid propellant and orbit insertion expend
the full weight of the Spacecraft including contis
and contingencies at the midterm briefing are
From this summary, it is apparent that

8 for probe and
tlas/Centaur,
ables were determined for
1gency,  The Irajectory types
summarcized in Table 3-0,

R

Approximately 7 percent contingency'
for Thor/Nelia mission ig marginal, but the At] as/Centaur contingency is
good,
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OFEN SHELF, A

{N)BEE-£910E

COMPARTMENT,

ADVANTAGES

O LESS RESTRICTIVE IN EQUIPMENT
ARRANGEMENT

OMASS BALANCE EASIER TO ACHIEVE

O THERMAL DISTRIBUTION EASIER TO
ACHIEVE

OLIGHTER WEIGHT STRUCTURE

@®DEDICATED AREA FOR SCIENCE

®ISOLATION FROM OTHER SUBSYSTEM
EFFECTS CASIER TO ACCOMPLISH

DISADVANTAGES

®DIFFICULT TO ISOLATE SCIENCE
INSTRUMENTS FROM THERMAL
AND MAGNETIC EFFECTS

@LESS EFFICIENT USE OF SPACE

® LESS FREEDOM FOR ADJUSTMENT FOR
MASS BALANCE

® LESS FREEDOM FOR ADJUSTMENT FOR
THERMAL BALANCE

® HEAVIER STRUCTURE CUE TO VERTICAL
WALLS

@ FUNCTIONAL ARRANGEMENT OF SUBSYSTEMS
MORE RESTRICTED

FIGURE 3-7. OPEN EQUIPMENT SHELF VERSUS COMPARTVENTALIZATION
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To achieve the Thor/Delta launch contingency of Tabhlesg 3-8 and 3.9,
certain weight reductions were implemented ag shown in Tabhle 3-10,
reductions involyed the use of beryllium in Spacecraft stryctyre (subsection
4.2) in the bearing and pawer transfer assembly (BRAPTA) (Volume 9), and in
the deceleration module structure (Volume 5), It also required the use of
additional large scale integrated c.ircuitg (".81) in both the 8pacecraft and
probe data handling and tommand subsyste, g (Volume 8) and use of light -

, weight (28 gauge) wire in 8pacecraft (Section 6) and probe (Volume 5) cabling,
| The change in parachute and jettison altitude ‘n Table 3-10 results in reduc.

tion in battery and insulation weight permitte. by a more rapid pressure
vessel descent,

velopment and a risk allowa
i > ingency, The total cost
Savings potential afforde 1

Possibie
Table 3-11, but were n
eéxcessively reduced,.

load or experiment objectives,
cussed in Volumes 2, 3 and 5.

Thor/Delta missions have a marginal weight contingency
° Cost increases have already been im

Posed on the Thor/Delta
igns in order to attain an

éven marginal contingency

ingency is consider
minimize weight and ¢
n experiment weight and scie

ably higher than for
08t risk and potential
nce performance

compromises i
objectives

TABLE 3.9, MISSION SET/MASS CONTING

ENCY SUMMARY
(AT MIDTERM)

Thor/Delta Atlas/Centaur
Spacecraft Spacecraft
Item Probe Orbiter Prrobe Orbiter
Launch opportunity 1977 1978 1977 1978
Trajectory type I 11 I I
Contingency, kgs (Ib) 23 (50) 10 (22) 140 (309) 72 (202)
Percent contingency:: 6.5 6.7 } 20 27
*_.i’erccmt of spacuecraft dr;- ™ass loss bus or orh

88 less bus or orbital experiments,

g
4
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TARLE 310, MASS REDUCTIONS IMPLEMYNTED (THOR/DELTA) L
Mass Reduction, kg (1b) '
Multiprohe
Item Mission Orbhiter
'se beryllium in spacecraft structure 4.8 ( 10, 6) 2.5( 5.5)
: ; . , P L1 ( 2, 8)
Use beryllium in spacecraft BAPTA -
Use beryllium in large probe aeroshell 13.2( 29, 0) -
Use beryllium in small probe aero- 8.0( 17.7) -
shells (3)
Add 18] to teiemetry processor 1.5( 3.2) 1.5( 3.2)
Add LSI to central decoder 2.3( 5.0) 2.3( 5.0)
Add LSI to large probe data unit 1.8( 3.9) -
Add I.SI to small probe data unit (3) 3.8( 8.4) -
Use 28 gage wire in spacecraft cabling 2.2( 4.9 3.1¢ 6.9)
Use 28 gage wire in probes 0.8( 1.7) -
Deleie redundant remote multiplexers 1.4( 3.0) 1.4 ( 3,90)
Delete one propulsion tank 1.L5( 3.4) 1.5( 3.4)
Change large probe parachute size and 11.7( 25.7) ~-
raise jettison altitude from 40 to 55 km
52.8 (116.5) 13.4 (29, 5)
|
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i
i
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TARLE 3-11, ADDVITCWNAL MABS REDUCTION CANDIDATES

Mass Reduction, kg (1b)

Multiprobe
Item L Misgsion Orbiter Commeiit
Delete redundancy in 2.7( 5.9 2,7( 5.9) Reliability
command 0. 9780, 662
probe hus

Delete rcd'undancy in 2.0 ( 4.4) 2.0( 4.4) 0. 918—0. 605
data handling orbiter
Delete redundancy in 1.6 ( 3.6) 3,3( 7.3)
attitnde cortrol
Delete one pair radial 1.5 ( 3.4) 1.5 ( 3.4)
thrusters
Raise periapsis alti- -— 3.2( 7.0)
tude from 150 to
200 km

- 4,1( 9.0)

Use 36 h orbit

i r——————ra———r——

7.9 (17.3)

e e ————ca——E>

16.8 (37.0)
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3.3 THOR/DELTA BASELINE NESCRIPTION

A rmajor objective to configuring the probe and orbiter spacecraft
was maximum comrmonality to reduce program cost, and the following des -
criptions of the spacecraft configurations highlight this point,

Iaboard profiles, forward and aft end views, of the baseline space-
craft configurations for the multiprobe and orbiter missions are presented
in Figures 3-8 and 3.9, respectively, Equipment shelf arcrangements for
each spacecraft, with subsystem elements and experimental locations noted,
are depicted in Figures 3-10 and 3-11. A mass summary for major sub-
systems is presented in Table 3-12 and detailed mass statements in Tables
3-13 through 3-15,

_P_robe B_‘iﬁ

In the launch configuration, the probe bus has a mass of 384, 1 kg
(846. 8 1b) withthe center of masslocated 107 cm (42.3in. ) above the launch vehicle
separation plane. The roll to transverse inertia ratio varies from a mini-
mum value of 1. 20 at launch to a maximum of 1. 79 after release of all probes.
The inertia ratio range aissures adequate spin stability. A maximum dia-
meter of 213 cm (84 in.) and an overall length of 180 ¢m (71 in. )} allows for
radial and longitudinal clearances from the allowable payload envelope.

The basic arrangement consists of a central thrust tube with a ring
sized to mate with the Thor/Delta 2512 spacecraft to launch vehicle adapter;
a circular shelf for mounting subsystem equipment positioned at the upper end
of the thrust tube; six equally spaced support struts attached at the shelf
perimeter and extending radially to the thrust tube lower end, and a cylin-
drical substrate surrounding the shelf and positioned so as to provide an
enclesed volume above and below the shelf. The solar electric array is
mounted on the substrate extension at and below the shelf level. The length
of the substrate is sized for the larger array required for the orbiter
mission and for commonality kept the same for the probe bus.

The hydrazine propellant tanks are located beneath the sheif opposite
cach other and supported from the thrust tube. This arrangement allows
the shelf to be assembled without disturbing the tank installation and keeps
the shelf upper surface and volume entirely avaiiable for the rmounting and
positioning of subsystem units and experiments. 'The basic arrangement is
identical for probe and orbiter spacecrait,

An inverted right conical frustum:  installed at the upper end of the
thrust tube provides for support and instailation of the large prohbe. Three
attach fittings 120 deg apart provides for the mechanical interface with the
probe. The three small prohes are positioned symmetrically around the
large probe adapter and are supported by structural eloments extending
radially from the adapter and vertically to the shelf,

‘I'be large probe is scparated in an axial direction with a small AV
heing applied from prestressed springs locatesd at each attach fitt ing. After
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the large probe separates, the three small probes are released simultaneously
and the forces from the probe bus spin provide a lateral separation velocity.
Since the small probes leave in a lateral direction, they trace a spiral path in
spacecraft coordinates, opposite in direction to the spin, over the upper
surface of the spacecraft. Therefore, this region is free of protuberances
above the forward plane of the substrate. This path is shown for one of the
probes on Figure 3-8,

Two of the bus experiments, the iun and neutral mass spectrometers
require unobstructed 60 deg conical fiel<s of view in an axial direction, but
only after probe release. Therefore, the instruments were located on the
spacecraft to assure the proper FOV. Since the Langmuir probe and UV
fluorescence experiments deploy appendages radially, they are positioned
near the shelf outer edge. The magnetometer is mounted on a pivoted boom
to permit stowage during launch. The extended boom position was selected
to obtain maximum clearance from the small probe separation paths.

The units are arranged on the shelf in a manner that provides for
functional grouping and mass and thermal distribution. Sufficient space
exists on the shelf permitting units to be repositioned if necessary to
accommodate changes in thermal or mass distribution. Six thermal control
louvers are placed on the lower surface of the shelf and radiate out of the
aft cavity. Identical shelf locations are maintained for those units and thermal
control louvers that are conmon to both probe and orbiter spacecraft. These
fcatures can be seen by comparison of Figures 3-10 and 3-11,

The bicone antenna has 360 deg beam in & plane normal to the spin
axis and 30 deg in elevation. In order to place the antenna on the spin axis,
it was necessary to store it inside the thrust tube during launch. Since its
deployment is axial along the spacecraft centerline, a dynamic unbalance is
not incurred.

A medium gain horn antenna, with a 45. 7 cm (18. 0 in, ) diameter
aperture and an rf beam width of 20 deg, is attached tu the shelf aft side and
is pointed parallel with the spacecraft centerline. By locating it near the
shelf outer edge, the beam is unobstructed by the bicone antenna. To pre-
vent blockage of the thermal control louver view by the large diameter
aperture of the antenna, it is placed near one of the hydrazine tanks,

A narrowbeam angle (140 deg) omni antenna mounted on the forward
end of the spacecwraft and a widebeam omni antenna (220 deg) attached to the
bicone assembly complete the antenna complement.

The staxr sensor line of sight required is 55 deg frorn the spin axis
on the forward end and has a 25 deg field of view. It is located near the
outer permiter and midway between two of the probes to minimie possible
reflections from the spacecraft enterirg the sun shield The three sun
sensors have a combined field of view of 150 deg in a plane containing the
spin axis and is centered about o normal to the axis. Again, to preclude
false readings due to reflections, the sensors are located at the periphery
of the substrate and at a location free of extensicns,

3-28




OLDOUT FRAME |

:——— PAGNETOMETER (LM OVED)

— RADIAL JETS [9)

~

-

PROSE SCPARATION  CLAMP / \. \
1

1444 ITASS SFETTRON

fm— CANGMUIR  PROSE

MUTRRL  MRSS SFEC TROME TEF cormrme e

‘//

v W FUWORES CENCE

\—- MAGAETOMNETEP  (I3TOWED)

\— FORWARD  ANAL KT (7)

FIGURE 3-8. THOR/DELTA PROBE SPACECRAFT BASELINE DESIGN

2-29

. e L PR 7. 35 XY SRR S




IR W R Oy, PR

t'
rw (e oren)

b

o

{

;[

';1

por  /1ASS STTROMETER
‘

.

P/VS'MUIR PROBE

s

:

3 /3.9 O/A
E (as o)
f

b

b

)

E

)

s

E

)

A

b

!

b e

]
iqne” 7o 7ER  (3TRWED)

y
hay  AML SET )

T WA AR TR T T L TV NN T e

FOLDOUT FRAY™

PAGNETOMRTER ~ ROTATED
O CLARTY

EQUITENT SMELF ——

ST SENSOR SUN SHIEL—

\‘-———-n; (28)—

LARGE PROBE —
SIBOORT  STARXTUI

| S0 ;nm.
OPNI ANTENWS —= 928 (8
ROTATED .70 CLARITY \\ | r
LARGE PROBE SEPARATION FME
’\ \ _——
/ .
+ Z -——— - ™
y
1 -~
. +

LARGE PROAE —

CE WITH PROSES

C§ WINOUT PROBES - S N

SNALL PROSE(Y) — /

IIVC PRORE NFRINTION FEANE /

/

/""*" SNV SEVIOAS

RET AXIAL

- ger3 (1)




{N)OYE-£910E

AXAL JET (1)

mIACECRAL T SEPWRATION FANE LONER (6)

ZHRUST  TUSE J— SumRrT STRUT (6) — AFT AXIAL T ()
/—- BICONE WIOE BEAM / PROLCLIANT TR (&)
y ¥INI  ANTEMVA (DEPLGYED)

/

=2 AVCMH  EMICLE ALDAPTER
~—AELTA X112

~ GV  ANTEMYA -
6 FOM 7ARITY

- T TAK ()~
B AMUTY

L e A
(-] "0 20 X “a g0
( /NCMFJ)

NOTE:  THERWN INSULATION OMITTED FOR CLARITY

ekttt mabs RS AR SN AR

oA T e R A h s ok hsan wamaenim s




VLR I,

REPRODUCIBILITY OF THE ORIGINAL PAGE IS POOR. |

RAO/A. JETS

(1)

/
/ UY SPECTROMETER

L- NEU TN  1YASS SPECTROMNE TEM

—— SHAR WIND PROBE

——1 R RADIMETER

e

poinOUT

— MAGNETOMETER  DEFLOVED

— LANGNUR  PROSE

N v\ ceram . A
AY
\\\ \__, MAQNETOMETER  sTOWED

AN FORWARD  ANAL JET ()

FIGURE 3-9. THOR/DELTA ORBITER SPACECRAFT BASELINE DESIGN

31-31

e em R ]
(as. # 10 £) i
|
i #
|
MNSS  SPECTROMETER | wW/OE
/T il )
2/3.4 LA
(as 0 08)

g A A e

oo £ il Ml 1 2 s saiie




""'—' SHAR IV PHOAE

' 2 R RADKIETER
/ s MAGNETONETER  DEFEONSD

oW MSS IRECTRINETSR WIOE BEAM OPMN! ANTE
/2.4 A
(840 wA)
Y
E - RANGIUM  pengs

IGH GAN ANTEMYA

\ O\
\

T PAQNETONETER  Srowen

T AORWARD AN ueT )

‘i( RAFT BASELINE DESIGN

LT AT TR s T e ":&

'REPRODUCIBILITY

OF THE ORIGINAL PAGE 15 POOR.

d

—— MIARE
/ FOR €4

[NV

EQUIPPENT  SMELF —eee

STAR SENIOR SN SHIE

eeovens = 7/ / (‘0) hantnn.e

\\ri;-“:(k%ﬂ"

o 2

»,

Pt

\L
\:

N — ‘ )
CG AT SERARATION N\ |i N

CG AT IMTIN Om8IT ——--\ o
M

L BAPTR  SUPMPPORT
STRUCT LAE

/

L. sapra

/:
e SN J‘ﬂVJM-A

Lem RADAR ATIIETER ANTENMA
1

!
|

<t . b f— o]

(ros)

et P

LT V-




L

b 7/ (28) o]

TN —\

BT —— \

IMRTIRE

- ANTENMA

780 (7os)

L

i
| '
X

- MAGMETOIMNETER ~ ROTATED
FOR CLANYTY

—
/

\

A}
—ARPTA  JUPCAT \

b SUN SENSORS

ALDOUT 1AM
)

—— ART AXNARL 4T (2)

SPNCECRAFT SEPRMATION PLME
/— THRYST TUBE

INSERTION MOTOR

(remser ,7rAcz omyr)

——LRUNCA  YERICLE  ADARTER
EELTA 25/2

N YARROW  BEAM  ONNI~ ROTATED
! FOR CLAMITY

PROPELLANT  TRME (e)-Rom Tep
FOR  CLAmITY

/
”

A

ii

couverRs (&) i
/}

{

i

!

OMNI ANTENNVA -

NOTE! INSULATION OMTTED




T LOUVERS  (8)

HTONTE FRAME

X

w
Q
=
)]
@
[
1]
-
-~
c

— AET ARIAL JET (2)

== SYPPORT STRUIPr (.)

\

\

~

NI EEEE S TEEE IR S £8 e ‘
J;mh o z+n Jt: CL 50
(rHnemEs)

NOVES INSWLATION DT TED FOR CLARITY

. SRRy




1

FORDOTT Dis pn

\ R2 .

STRUT S

O L]
€ PrPROBE

+ X

FIGURE 3-10. THOR/DELTA PROBE SPACECRAFT SHELF ARRANGEMENT

3-33




UMW‘
AL
™
r
~X
x;
R A
g
o
%

ALCHE e
%}

COLE 2

WNEUTRAL 17ASS SPECTROM~TER

ION MASS ISPFPECTROMETER
LANGMIIR FROBE
UV FLUORESCENCE

MASNE TOME TER

\\
'}]
GhLn <

. EXCITER [/ RV R
HYBRIO
FILTER, 7X5BP
FUTER | HarMOVIC
| FUTER, PCBP
| CIRCIKATOR +/S0LATOR
SPOT  SWITCh
TRANSFER  SWITCH
FRER/IPLIF/ER
POWER AMPLIFIES

duBNBHAGNS

S
~N

/| REMOTE MATIFLEXER
T2 PCM EMCODER | DuAL
- TELENETRY FROCESSOR, DMt

W

DEMDDULA TOR
DLl REMOTE LETODER
. PYRO CaNTROL LIT
| CENTRML DECOGR [ CONBMD MEPORY, Do

D~

 STAR  SEMSOR
AT TLOE DAIR FRDCESSOR

. SOLEAMUD LRINRS
TWZRTION “DAMPER

plynvs

DSCHARG E™  REGUNATOR
BUS Lt 7ER

LOART TERY

CHERLOND CONTROL M7
CLARRENT SEMSOR

BRT 7ERY CHAIRGER

piydivs

N Ll P

~\ N

Wplow

N R

\1‘\\ | PN




STRUY 2.

FIGURE 3-11. THOR/DEL.TA ORBITER SPACECRAFT SHELF ARRANGEMENT
3-35

R S L I S i R TR St L eeilr < i ot 0 T B e i ik A A T s T TR e P SaRioi o R " TR Rl R Ny Ty

4



¢ TANK

CQbDE
£/
e
3
4
5
6
14
8
S
R F
2
3
4
-
()
7
8
9
/0
D /
2
3
-t
c /
2
3
4
A /
2
3
-3
.‘5-
~ !
2
3
P
K
&

UMT

MAGNETOMETER
LANGMUIR FPROBE”
NELTRAL MARSS SPECTROMETER
ION MASS SFELTROMETER
UV SPECTROMETER

IR RADIOME TER .
S~BANMD RADIO OCCLITAT/ION
S-BAND RADAR ALTIMETER
SOLAR WINO FPROBE

EXCITER [ RCVR
HYBRID

FILTER, TXBP
FUTER | HAR/MONIC

FILTER, RC B8P
CIRCLULATOR + ISOLATOR

SPOT  SWITCH
TRANSFER . SWIICH
PRERAIPLIFIER
POWER AMPLIFIER

REMOTE PILTIOLEXER

Pem ENCODER , DUAL
TELEMETRY PROCESSOR, OVAL
DATA S7ORAGE”

DEMOLUVLATOR

DUSL REMOTE LOECODLER

PYRD CONTROL UNIT

CENTRAL DECODER [/ COMMAND NEMOR);M

STAR JSENSOR
ATTITULE DATA PROCESSOR

SOLENOIL DR/ VERS
NUTATION DRIIPER
DESPN CONTROL ELECTRAVICS

OISCHARGE REGILAZOR
BUS LM TER

BATTERY

QUERLOARYD CONTROL. wwT
CURRENT SENSOR
BRATTERY CHARGER

M 2QD

NN NSNS TS

NN~ N o~ N VRN

~Wwps A

1

NP N WA P PN

{N)SYE-L9I0L




VB
Pk

IRELY

L0 N I

& B

o

s e
P AL L ok
5T

TABLE 3.12, PIONEER VENUS MASS SsumMm

SUBSYSTEM FOR THOR/DELTA BASELINE

MARY BY MAJOR

Spacecraft Mags

o Probe Orbiter
Item Subsystem kg 1b kg 1b
RF 8. 85 19. 5 8.53 18. 8
Antenna 3.08 6.8 2. 54 5.6
Data handling 5.81 12. 8 9.89 21, 8
Command 7.03 15, 5 6.58 14, 5
Attitude control, mechanismsg 11,16 24, 6 18. 14 40. 90
Structure 35.97 79. 3 22,82 1.7
Power 16.01 35.3 22. 41 49, 4
Cabling 4, 67 10. 3 6. 7% 14. 9
Thermal control 10, 25 -2.6 11, 29 24.9
Propulsion (dry) 9.07 20.0 9. 84 21. 7
Orbit insertion motor case 10. 12 22,3
Bus total (dry) 111,90 246, 7 138. 62 305. 6
Large probe 114, 58 252, %
Small probe (3) 101 91 224, 7
Spacecraft subtota] 328. 49 724, 9 138, 62 305. 6
Contingency 23, 31 51. 4 10. 02 22,1
Experiments (bus only) 11, 61 25, 6 31.12 68. 6
Spacecraft total (dry) 363. 33 801.0 179, 76 396, 3
Propellant 20,73 45, 7 24. 31 53. 6
Pressurant .05 0.1 . 05 0.1
Orbit insertion motor expendables 88.72 195, 6
Spacecraft total (wet) 384, 10 846, 8 292, 84 645, 6
Spacecraft adapter 13,15 29,0 13,15 29.0
Telemetry and C band 8. 39 18. 5 8. 39 18. 5
Launch vehicle payload 405, 65 894, 3 314. 38 693, 1
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TABLE 3-13. MASS PROCPERTY SUMMARY DEVAIL MASS STATEMENT
PROBE SPACECRAFT — THOR/DEI.TA BASELINE

Mass
Description kg b
RF Subsystem 8.85 19.5
Exciter/receiver (2) 3.63 8.0
Hybrid (2) 0. 05 0.1
Filter - TxBP (2) 0.73 1.6
Filter - harmonic (2) 0. 09 0.2
Filter - RC BP (2) 0.73 1.6
Circulator - isolator (4) 0, 45 1.0
SPDT switch (3) C. 36 0.8
Transfer switch (3) 0.95 2.1
Preamplifier (2) 0.23 0.5
Power amplifier 0,91 2.0
Coax cables 0.73 1.6
Antenna Subsystem 3.08 6.8
Bicone antenna 1,72 3.8
Medium gain antenna 0.91 2.0
Omni (wide beam) 0.27 0.6
Omni (narrow bearn) 0.18 0.4
Data Handling Subsystem 5,81 12,8
Remote multiplexer (7) 1.36 3.0
Dual telemetry processor 1.59 3.5
Dual PCM encoder 2.86 6.3
Command Subsystem .03 15,5
Dual demodulator 2.09 4,6
Dual central decoder 1,77 3.9
Dual remote decoder (3) 1.81 4.0
Pyro control unit 1,36 3.0
Attitude Control, Mechanisms 11.16 24,06
Sun gensor (3) 0.27 0.6
Star sensor (includes sunshade) 2.49 5.5
Attitude data processor (2) 3.27 7.2
Soienoid driver 1.00 2.2
Nutation damper 0. 86 1.9
Magnetometer hoom and deployment 1. 36 3.0
UV fluorescence deployment 0.59 1.3
Bicone deployment 0.86 1.9
Separation arm switch (2) 0,45 1.0
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Table 3-13 (continued)

SRR """f’"ﬁ!*u!#

Description kg 1b

Structure Subsystem 35.97 _79.3

Equipment shelf 11,29 24.9

Shelf support struts {Be) 1,04 2,32

Shelf support brackets (Be) 0.23 0.5

Shelf support doublers (Be) 0.14 0.3

Thrust tube (Be) 3.63 8.0

Large probe attach structure (Be) 2.95 6.5

Large probe structure longerons (6) (Be) 0.86 1.9

! Omni boom mounting 0.18 0.4
1 Medium gain anteana bracketry c.09 0.2
A Bicone deployment support 0.36 0.8
‘ Substrate 8.03 17.7
Small probe attach structure (Be) 2.00 4.4

Propellant tank supports 1.04 2.3

Thruster supports 1.41 3.1

Balance weights 1.81 4,0

Miscellaneous hardware 0.91 2.0

Power Subsystem 16,01 _35.3

Battery 4,22 9.3

Dischar:;e regulator 2.72 6.0

Battery charger 1.81 4.0

Bus limiter 1.91 4,2

Solar array (excludes substrate) 4,04 8.9

Experiment overload control 0.91 2.0

Current sensors (3) 0.41 0.9

Harness 4,67 10.3

Wire harness 4,67 10.3

Thermal Control 10.25 22.6

Coatings .45 1.0

Blankets 6.44 14.2

l.ouvers (6) 1.77 3.9

Shelf doublers 1.50 3.3

Temperature sensors 0.09 0.2

Propulsion Subsystem (dry) 9.07 20,0

Propellant tanks (2) 3,13 6.9

Thrusters (6) 1.63 3,6

Propellant valve (6) 1,36 3.0

Latch valve 0.54 1.2
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Table 3-13 (continued)

Mass
Description kg 1b ‘
Fill valve 0.14 0.3
Filter (4) 0.54 1.2
Pressure transducer 0.23 0.5
Tubing 0,32 0.7
Fittings 0.45 1.0
Valve and catalyst bed heaters 0.18 0.4
Thruster insulation 0.45 1.0
Temperature sensors 0.09 0.2
Bus Total (Dry) 111,90 246, 7
J.arge Probe 114,58 252, 6
Deceleration Module 39.46) ( 87.0 )
Heat shield 12,02 26.5
Structure - aeroshell 5.13 11.3
Structure - internal 10. 34 22.8
Aft cover 3.90 8.6
Parachute ( 3.72) ( 8.2 )
Main parachute 2.36 5.2
Pilot parachute 0.45 1.0
Mortar 0.41 0.9
Separation nuts 0.50 1.1
Cabling 1.04 2,3
Separation ( 1.27) ( 2.8 )
Explosive nuts  3) 0.68 1.5
Inflight disconnect 0.59 1.3
Instrumentation ( 0.18) ( 0.4)
Sensors 0.18 0.4
Ballast 0.73 1.6
Shock layer radiometer 1.13 2,5
Pressure Vessel Module ( 73.07) (161.1 ) .
Structure ( 24.99) ( 55.1) ,
Shell 13.20 29.1 1
Shelves (2) 4,13 9.1 |
Flanges 3.58 7.9 |
Penetrations 1.27 2.8 ;
Adapter 1.36 3.0 |
Insulation retainer 1,32 2.9 i ‘
Strain gauges 0.14 0.3 ! |
Thermal control ( 7.48) ( 16.5 ) ! |
Insulation 7.26 16,0 '
Temperature senscrs 0,23 0.5 1
|
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Table 3-13 (continued)

.u . [ —
_ ——r 3
.

Mass
Description kg ib
RF subsystem ( 3.63) ( 8.0)
Receiver/exciter 1.81 4.0
Hybrid 0.05 0.1
Filter - Tx BP 0.36 0.8
Filter - harmonic 0.05 0.1
Filter - Rc BP 0.36 0.8
Circulator 0.11 0.25
Preamplifier 0.11 0.25 )
Power amplifier 0.45 1.0 v
Coax cables 0.32 0.7
Digital 2,13 4.7
Command/data unit 1.13 2.5
Pyro control unit 1.00 2,2
Power ( 11.20) ( 24.7 )
Battery 6.67 14,7
Discharge regulator/
current sensor 2,72 6.0
Experiment interface (3) 1.13 2.5
Pyro switch 0.68 1.5
Antenna 0.68 1.5
Harness ( 0.86) ( 1.9)
Internal 0.73 1.6
External 0.14 0.3
Equipment ( 0.73) ( 1.6)
G switch 0.45 1.0
Pressure gauge 0.09 0.2
Pressvre switch 0.18 0.4
Experiments ( 21.36) (47.1 )
Temperature sensors (2) 0.59 1.3
Pressure sensors (2) 0.82 1.8
Nephelometer 1.13 2,5
Planetary flux detector 2.217 5.0
Accelerometer i.13 2.5
Solar flux detector 1.81 4.0
Mass spectrometer 7. 71 17.0
Aureole extinction detector J.81 4.0
Cloud particle size analyzer 3.63 8.0
Hygrometer 0.45 1.0
Bus Separation Module ( 2.04) (_4.5)
Explosive nat (3) 0. 68 1.5
Separation spring (3) 0.68 1.5
Inflight disconnect 0.68 1.5
|
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Table 3-13 (continued)

Description

Mass

Small Probe

Deceleration Module
eat shie
Structure
Aeroshell
Internal structure
Harness

Experiment (te Mmperature probe)

Pressure Vessel Module
Structure
Shell
Shelf
Flanges
Penetrations
Electrical feedthrough
Ports
Windows
Adapter
Insulation retainer
Antenna cover
Harness
Thermal contro]
Insalation
Temperature sensors
R¥
Exciter
Stable oscillator
Power amplifier
Coax cable
Digital
Command/dat.
Pyro control
Power
Battery
Discharge regulator/current sensor
Experiment interface
Pyro switch
Antenna
Equipment . G switches
Science
Pressure gauge
Nephelometer

» » a
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Table 3-13 (continued)

Mass
Description kg lb

Accelerometer 0.18 0.4
Magnetometer 0.50 1.1
Temperature probe electronics 0.23 0.5
Separation - Despin Module 1,27) ( 2.8
Spin rocket (3) 0. 32 0.7
Bolt thruster 0.14 0.3
Hinge-arm and open hatch 0.41 0.9
Inflight disconnect 0.41 0.9
Spacecraft Subtotal 328,40 724.0
Contingency 23.31 51.4
Experiments 11,61 25,6
Neutral mass spectrometer 4.99 11.0
Inn mass spectrometer 1.36 3.0
Electron temperature probe 1.59 3.5
UV fluorescence 1.36 3.0
Magnetometer 2.31 5.1
Spacecraft Total (Dry) 63.33 80),0
Propellant 20,73 45,7

Pressurant 0. 05 0.
Spacecraft Total (Wet) 384,10 846.8
Spacecraft Adapter 13,15 29.0
Telemetry and C band _8.39 18.5
Launch Vehicle Payload 05,65 894, 3,
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TABLE 3-14. MASS PROPERTY SUMMARY DETAIL MASS STATEMENT
ORBITER SPACECRAFT — THOR/DELTA BASELINE

Maes
Description kg 1b
RF Subsystem 8.53 18.8
Exciter/receiver (2) 3.63 8.0
Hybrid (2) 0.05 0.1
Filter - TxBP (2) 0.73 1.6
Filter - harmonic (2) 0.09 0.2
Filter - RcBP (2) 0.73 1.6
Circulator - isolator (4) 0.45 1.0
SPDT Switch (3) 0.36 0.8
Transfer switch (3} 0. 64 1.4
Preamp (2) 0.23 0.5
Power amplifier (2) 0.91 2.0
Coax cables 1 G,73 1.6
B Antenna Subsystem 2,54 5.6
% High gain antenna 1.41 3.1
-1 Omni (widebeam) 0.27 0.6
= Omni (narrow beam) 0.18 0.4
=1 Circulator 0.14 0.3
= SPDT switch 0.09 0.2
' Notch filter 0.45 1.0
Data Handling Subsystem 9.89 21.8
Remote multiplexer 1.36 3.0
Dual telemetry processor ) 1.59 3.5
Data storage unit 4.08 9.0
Dual PCM encoder 2.86 6.3
5 Command Subsystem _6.58 14.5
Dual demodulator 2.09 4.6
~ Dual central decoder 1.77 3.9
Dual remote decoder (3) 1.81 4,0
o Pyro control unit 0.91 2.0
; Attitude Control, Mechanisms 18.14 _40.0
2 Sun sensor (3) 0.27 0.6
= Star sensor (includes sun shade) 2.49 5.5
. Attitude data processor (2) 3.27 7.2
a Despin control electranics (2) 3.306 7.4
: Salenoid driver 1,00 2,2
Nutation damper 0.86 1.9
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Table 3-14 (continued)

Mass
Description kg 1b
BAPTA 5,08 11.2
Magnetometer boom and deployment 1.36 3.0
Separation and arm switch (2) 0.45 1.0
Structure Subsystem 32.52 1.7
Equipment shelf 11.29 24.9 ;
Shelf support struts {Be) 1.04 2.3 !
Shelf support brackets (Be) 0.23 0.5
Shelf support doublers (Be) 0.14 0.3
Thrust tube (Be) 3.63 8.0 ;
BAPTA support (Be) 0. 82 1.8 §
HGA boom 1.00 2.2 .
Omni booms (2) 0.18 0,4
Substrate 8.03 17. 7
Propellant tank supports (2) 1.04 2.3
Thruster supports (8) 1.50 3.3
Motor attach ring 0.54 1.2
Balance weights 1.81 4.0
RF altimeter support 0.36 0.8
Miscellaneous hardware 0.91 2.0
Power Subsystem 22.41 49.4
Battery 7.85 17.3
Discharge regulator 2,72 6.0
Solar array (excludes substrate) 4,99 11.0
Bus limiter (4) 2,49 5.5
Battery charger 1.22 2.1
Overload control unit 2,72 6.0
Current sensors 0.41 0.9
Harness 6,76 14.
Wire harness 6.76 14.9
Therm_al Coutrol 11,29 24,9
Thermal coatings 0.15 1.0
Insulation blankets 6.44 14,2
Thermal louvers (8) 2.36 5.2
Shelf doublers 1.91 4,2
Temperature sensors (17 0.14 0,3 ‘
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Tahle 3-14 (continued)

Mass
Description kg lb
Propulsion Subsystem (dry) 9. 84 21.7
Propellant tanks (2) 3.13 6.9
Thrusters (7) 1.91 4,2
Propellant valve (7) 1.59 3.5
Latching valve (2) 0.H54 1.2
Fill valve 0.14 0.3
Filter (4) 0.54 1.2
Pressure transducer 0.23 0.5
Tubing 0.45 1.0
Fittings 0.45 1.0
Valve and catalyst bed heaters 0.23 0.5
Thruster insulation 0.54 1.2
Temperature sensors 0.09 0.2
Orbit Insertion Motor Case 10,12 22.3
Motecr case (burned out) 9.93 21.9
Heater 0.18 0.4
Bus Total (dry) 138, 62 305, 6
Spacecraft Subtotal 138,62 305,6
Contingency 10, 02 22,1
Experiments (Bus Only) 31.12 68. 6
RF altimeter 92.07 20,0
IR radiometer 4.08 9.0
UV spectrometer 5.44 12.0
Neutral mass spectrometer 4,54 10.0
Ion mass spectrometer 1.36 3.0
Electron temperature probe 1.59 3.5
Magnetometer 2,31 5.1
Snlar wind probe 2.72 6.0
Spacecraft Total (dry) 179.76 396, 3
Propeliant 24,31 53.6
Pressurant 0,05 01
Orbit Insertion Motor Fxpendables 88, T4 195, 6
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Table 3-14 (continued)

Mass
Description kg b
Spacecraft Total (wet) 292, 84 645, 6
Spacecraft adapter 13.15 29.0
Telemetry and C band 8.39 18.5
Launch Vehicle Payload 314,38 693.1
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Orbiter Spacecraft

‘The orbiter spacecraft in launch confignuration has a total mass of
292, 84 kg (645, 6 1b) with the center of mass located 71 ecm (28, 0 in, ) above
the separation plane from the launch vehicle, ‘The roll to transverse inertia
ratio varies from a minimum value of 1, 62 to 4 maximwm of 1. 68 at end of
life. This ratio provides good spin stability throughout the mission,
A maximum diameter of 213,4 cm (84, 0 in. ) and an overall length of 276.9
cm (109, 0 in, ) allows for radial and longitudinal clearances from the allow-
able payload envelope,
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The basic arrangement primary elements, i.e.,, thrust tube,
equipment shelf, substrate, struts, and hydrazine tanks, as previously noted,
are identical to the probe bus.

- A right conical frustum installed at the upper end of the thrust tube

- provides for support and installation of the bearing and power transfer

3 assembly (BAPTA)., The high gain antenna (HGA) mast is attached tc the

‘ despun flange of the BAPTA and positions the center line of the HGA 121.9
cm (48 in. ) above the forward plane of the substrate, At this position, the
11 deg beamwidth of the HGA maintains clearancc with the radar altimeter
mounted above the substrate and the radially deployed magnetometer, The
wide beam (220 deg) omni antenna is located 45,7 cm (18 in, ) above the HGA
center line to maintain beam clearance with the reflector.

Of nine specified payload experiments, all but one require physical
accommodation on the spacecraft. The exception, radio occultation, will
use the existing spacecraft RF subsystem,

The magnetometer, langmuir probe, ion and neutral particle mass
spectrometers are similar to those specified for the nrobe spacecraft,
Therefore, their locations on the equipment shelf remain the same. For
the ion and neutral particle mass spectrometers, a nominal pointing angle
of 15 deg from the spin axis was established for the orbiter mission. This
orientation allows the HGA and widebeam omni antenna to remain well
outside of the experiments 30 deg field of view., The UV spectrometer, with
line of sight pointed radially, is located at the shelf position used by the UV
fluorescence experiment on the probe bus. The subsystem unit shelf
arrangement developed for the probe bus will accommodate the solar wind
probe and IR radiometer experiments and scveral additional subsystem units
with no rearrangement required, The additional experiments and subsystem
units increased the thermal load on the shelf from that of the probe bus,
Therefore, two thermal control louver modules are added to the hottom of
the shelf, making a total of eight.

LR

The pointing angle for the radar altimeter is determined by the

- periapsis latitude, For the Thor/Delta haseline (269N nominal periapsis),

| the angle is 64 deg from the spin axis, A reduction in latitude requires a
corresponding increase in the pointing angle, If it should become desirable
to lower the periapsis latitude, only a slight change to the spacecraft

2. 49
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configuration is needed, i.e., a minor increase in the HGA mast height to
maintain clearance between the HGA beam and the radar altimeter. For
increases in latitude, the mast may remain as is or be shortencd,

For the haseline Type II transit trajectory, a Thiokol TE-M-521
solid propellant motor was selected to provide orkit insertion, The 44,5
em (17.5 in, ) diameter motor s easily accommodated in the thrust tube and
is supported by a motor attach ring located near the upper end,

For the other option, Type Itransit trajectory, the candidate motor
for insertion was an Aerojet SVM-2, This motor is larger in diameter,
56.6 cm (22.3in.), but can also be readily installed in the thrust tube,
requiring only a change in motor attach rings.

3-50
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3.4 ATLAS/CENTAOR RASK 1IN NDESCRIPTION

This subsection includes additional trade studies conducted for the
Atlas /Centaur design and the final etudy baseline configuration achieved after
redirection of the study effort ‘n April 1973 to use the Atlas/Centaur launch
vehicle,

Mission Configuration and faun ch Mass Contingency Trades

The pascline nigsion plan was redirected after midterm 1o one probe
and one orbiter Atlas /Contanr launch in 1978. ‘I'he probe launch is essen-
tially the same as for 1977. However, a new issue is the tradooff of
mission sct case A, using type 1 opporiunity for the multiprobe mission and
the eariier (May 1978) type T opportunity for the orbiter or case B, with
both probe and orbiter launches in the type 1 (August 1978) opporiunity
separated by ceveral weeks,

The mission sets, launch mass, and contingencies are summarized
in Table 3-16. The experiment payload update received in April 1973 is used
in these comparisons. Including the 15 percent experiment weight contin-
gency specified by NASA-ARC results in payloads of 13. 74 kg (30. 3 1b) for
the probe bus (not including probes) and 45,41 kg (100. 1 1b) for the orbiter
spacecraft. The Hughes baseline approach for the dual-frequency occultation
is estimated to be 2,13 kg (4. 7 1b) greater (with contingency) than that
specified by NASA-ARC. Thercfore, an orbiter experiment payload of 47. 54
kg (104.8 1b) is used in the baseline design. Accordingly since experiment
contingency has already been allowed in the experiment payload mass, the
contingency leveis shown in Table 3-16 are included in and apply to the dry
spacecraft less the bus or orbiter science. The propellant loading assumed
is for the spacecraft mass including all contingency. The spacecraft mass
includes the additional 7% kg (165 1b) specified in April by ARC for Atlas/
Centaur payload, but does not include the mass of the Intelsat IV attach
fitting selected for the baseline design.

Case A results in Table 3-16 show that the launch mass contingency
is liberal for the probe mission and adequate for the orbiter. Case B differs
in that, the contingency is greatly increased for » type 1 orbiter launch, The
type 1 orbiter periapsis of 130N is inferior in science coverage, however,
to the 5608 given by type II in Case A.

To achieve adeguate (=10 ;mrccnt) orbiter launch mass contingency
for Case A, several changes were made relative to the midterm Atlas/
Centaur design, 'Tbe thrust tube was revised to a shorter, single conical
frustrum rather than the earlier cylinder-cone design saving about 10. 5 kg
(23 1b). Al possible structural commonality between probe bus and orbiter
has heen prescrved, Revisod requirements permitted use of a 5 A-h, cell
pattery (common to probe bus and orbiter) rather than the 7 A-h cell hattery
with a reduction of 2.91 kg (6.4 1b). The magnetometer boom was redesigned
using boom segments of hervilium tubring saving 1.45 kg (3.2 1b). Reryllium
is also used in the bea ring and power transfer assembly (BAPTA) saving 1,45
kg (3.2 1b). The total cest increase for these changes should not esceed
$150K.
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The type 1T (case A) orbiter will use a stretched TEM 521 motor as
discussed in Volume 10 while the type I (case B) uses the heavier TEM 616,
The stretched-case modification of the TEM 521 traded against the heavier
616 makes this cost trade almost even, The thrust tube has been sized to
accept either motor with modification of the motor attach ring,

Also shown in Table 3-16 is case C, describin
tunities for 1980. The payload for the orbiter t
limited to that corresponding to the m
for an unmodified TEM 616 motor,

8 possible launch oppor-
ype II opportunity has been
aximum propellant load of 333 kg (734 1b)

It is estimated that the motor procure-
ment need not be placed until the tenth month of the execution phase. This

allows maximum flexibility in selecting orbiter missions. The weight esti-
mates include structural changes for the motor attach ring and the reposi-
tioning of the radar altimeter antenna for other periapsis latitudes (13°N or

26°N). The high gain antenna mast length is adequate to accommodate all
missions considered.

Based on ihe above considerations,

been selected as case A, type I probe and t
the following reasons:

the baseline mission design has
ype II, 5698 for the orbiter for

° The pfobe mission has liberal launch mass contingency and the

orbiter contingency is adequate for a design using all applicable
common hardware {rom the probe spacecraft

Type II orbiter mission provides superior science coverage

. The type II orbiter mission avoids any poteatial problem associated

with achieving two launches during the same 1978 type I oppor-
tunity

] The orbiter design can accommodate changes required (e.g.,

orbit motor, radar altimeter antenna installation) for type I,
1978 or type II, 1980 mission

Radio Occultation Experiment Trades

A significant trade for the Atlas/Centaur orbiter is the
be used for the dual frequency radio occult

tive angles in the ranges of +10 to 420 deg

approach to
ation experiment. RF beam refrac-
have Leen considered in this trade.

The mechanically despun high gain antenna (HGA) reflector selected
for the spacecraft communications subsystem facilitates the options available
for 5/X band occultation. This results from use of the despin system for
azimuth pointing, as required, combincd with adequate ERP at S- band for
vefractions to +10 deg. The trade involves approaches to the required ERP
at § and X band by usc of a fixed antenna/higher power (for X band), by point-

ing dual feed antenna using an clevation positioner or by moving (precessing)
the spacccraft,
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The commurications requirements anc implementation for radio
occultation have been discussed in Volumie 7. The influence of this trade on
spacecraft configuration is reviewed here. Three approaches are shown and
described in Table 3-17.

1) Adding a fixed, separate 20 deg beamwidth X band hern anteona
and a 3 W, TWTA transmitter for £10 deg capability

2) Adding a %10 deg elevation positioner for the HGA reflector,
which provides 20 deg beam steering capability with a fixed
dual S/X feed, anc an 0,2 W X band solid state transmitter

3) Adding a defocused X band feed to the fixed HGA and a2 3 W TWTA
transmitter and using precession of the spacecraft to achieve
pointing to 10 deg

Table 3-17 summarizes the major issues of the trade selection. The
mass and cost increments are those required to implement the S/X dual
frequency occultation capability relatlive to a baseline spacecraft S band
communications subsystem using a mechanically despun HGA. The detailed
mass and cost increment data for the three approaches are shown in Table
3.18 for the required additions or modifications.

Approach A, using the separate X band horn requires careful calibra-
tion of the antenna pattern. since the refractive effects will be established
by gain variations away fr.m boresight. Approaches A and C require highe:
transmitter power which is provided by use of an existing 3 W TWT amplifier.
The difference in total dc power requirements for the three approaches is
small and has been neglected in the trade. Approach A is the simplest to
implement in design and operations, in lowest in cost and weight and has
simplest experiment/spacecraft interfaces. Because of its shorter length, a
common HGA mast length can be used for alll radar altimeter angle positions

associated with other candidate missions.,

The moving reflector approach (B) provides the best science perfor-
mance; refractive angles of £20 deg can be accommodated relatively easily
with some penalty in HGA antenna mast length. The effective boresight angle
to earth is measured directly using clevation positioner angle data. The tech-
nique of fixed feed and moving reflector require use of an elevation positioner
mechanism (with =10 deg capability) with associated cost/weight increases.

A squib activated, ''return to zero!! elevation angle provision has been pro-
vided to eliminate a critical failure mode in case of failure of the nonredun-
dant elevation drive and electronics.

Approach C requires moving (precessing) the spacecraft through a total
angle range of 40 deg at rates up to 7 deg/min for every orbit in which occulta- ‘
tion data are required (at least 40 days) for refractive performance of 10 deg. i
This periodic maneuver uses propellant, as shown in Table 3-17, produces |
nutation leading to increased attitude uncertainty, and may iropact the near-
periapsis operations of other science instruments, particularly the radar alti-
meter. The attitude uncertaioty of 2.5 deg is caused, in part, by nutation
accompanying the precessing maneuver and requires defocusing the X-~band
heamwidth from 3 to 6 deg,

|

|

|

|

|
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Approach A has been selected as baselire for following reasons:
] Lowest cost, weight, and complexity

° Adequate science performance, best experiment/spacecraft
interface

° High reliability

° Simple mission operations

The selected approach requires an increase in spacecraft (experiment)
mass 2.14 (1.7 1b) greater (including contingency) than allocated by NASA-
ARC for this experiment.

Magnetometer Boom Installation

At midterm the nominal science payload used for the study included
a magnetometer for both the prebe and orbiter mission. Since then a modified
payload has been established and retains the magnetometer only for the
orbiter mission.,

A previous study (see Volume 2) established that a minimum distance
of 4.4 m (14.5 ft) would permit a relatively low magnetic control on the
spacecraft to meet background requirements. A boom of this length necessi-
tated a folding scheme to permit stowagc during launch, On the probe bus
the three small probes presented restrictions on the placement of the stowed
boom in a plane at the forward end of the spacecraft and therefore, at midterm
it was positioned parallel to the substrate for launch for both spacecraft and
deployed radially in a plane near the forward end. This installation can be
seen in Volume 11,

Since only the orbiter spacecraft now carries a magnetometer a new
study for boom installation was made. I addition to rigid articulaled booms
an extendable/retractable boormn (ASTROMAST) was also investigated. The
rigid hooms are designed to accept orbit insertion loads, but the Astromast
does not have that capability and must be retracted prior to motor firing.
Details of the two types of boom may be found in Volume 9,

The spacecraft is designed to t:e statically and dynamically balanced
with the boom deployed for rigid type designs, and dynamically balanced when
deployed and statically bal. nced when retracted for the Astromast type. The
center of mass (~.nw. ) otiset incurred when the booms are stored present no
problems to the launch vehicle but the Astromast must be retracted for orbit
motor firing and at that time; the c. m, must be near the center line of thrust
to minimize injection errors,

Installations in a plane forward of the substrate for articulated type
booms, cach approximately 4,42 m (14,5 ft) in deployed length, are depicted
in Figures 3~12 and 3-13,

w
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In Figure 3-12 the three links are of equal length, has two hinged joints
and is pivoted near the perimeter of the spacecraft, The arrangement shown
in Figure 3-13 uses three long links and two shorter links of equal lengths,
four hinged joints and is pivoted near the shelf mid radius, KEach of these
arrangements car he accommodated within one quadrant of the upper surface
leaving three quadrants unobstructed for science instrument viewing and
other protuberances.

In the interest of simplicity a one piece boom was considered. By
making the boom curved a maximumn separation distance of 2,55 m (8. 38 1t)
was obtainable. This would require more magnetic control than the longer
booms and also sweeps over two of the upper surface qguadrants when deploy-
ing. Figure 3-14 shows this type of installation.

The integration of the astromast presents the least restriction to
placement of otaer equipment, such as star sensors, axial jets, etc., in
the upper pline. The inast is housed in a cylindrical container ~17.78 cm
(7.0 in.) in diameter by 25.4 cm (10,0 in, ) long. The mast deploys radially
and, therefore, is positioned near the shelf outer edge as shown in Figure

3-15.

For all installations depicted, the science instruments and spacecraft
equipment were arranged such that nondeployment of the boom would not
obscure their field of view. The failure mode of boom nondeployment intro-
duces & pointing error for orbit injection. By increasing the spacecraft spin
rate for motor burn from the planned rate of 25 rpm to 60 tc 70 rpm the
error will be reduced to approximately 2 deg. The effect on c. m, displace-
ment and spin axis tilt for nondeployment is noted in Table 3-19 for the
design used at midterm (for reference) for one, three, and five links (see
Figures 3-12 through 3-14) and for the Astromast installation (see Figure

3-15).

The approach shown in Figure 3-12 was selected for baseline, It
offers minimal magnetic control requirement, lightest mass and fewer nhinges
(other than the curved one piece Looin).

Configuration Descriptions

The probe and orbiter spacecraft bas eline configuration are designed to
\0 accommodate the science payload as defined in Volume 2. Another major
consideration in the approach to configuring the spacecraft was the objective
for maximum commonality between them in the interest of reducing program
cost. This was achieved for many aspects and will be noted in the following
descriptions of the spacecraft configuraticn,

Inboard profiles, forward anc aft end views, of the baseline spacecraft
configurations for the multiprobe and orbiter missions arc presented in
Figures 3-16 and 3-17, respectively, Equipment shelf arrangements for each
spacecraft, with subsystem elements and scicnce instrument locations noted,
are depicted in Figurces 3-18 and 3- 19, A mass summary for major subsystem

is presented in Table 3-20 and detailed mass statements in Tables 3-21, 3-22

and 3. 23,
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TABLE 3-19,

MAGNETOMETER BOOM CHARACTERISTICS

Three
F.qual Five Single
Midte rm l.inks I.inks Link Astroinast
Config- (Figure | (Figure | (Figure (Figure
Condition uration 3-12) 3-13) 3-14) 3-15)
Stowed, transit
Spin axis tilt, 8.5 5.1 5.2 3.5 3.8
deg
C. M. offset, 2,29 1,52 1, 85 0. 84 0. 84
cm (in,) ( 0.90) ( 0.60) ( 0.73) | ( 0.33) ( 0.33)
Stowed, post-
orbit injection
Spin axis tilt, 3.9 1.9 1.9 1.3 1.4
deg
C. M. offset, 3.45 2, 36 2. 84 1. 30 1. 30
em (in.) ( 1.36) ( 0.93) ( 1.12) ( 0.51) ( 0.51)
Boom system 3. 49 3,27 3. 81 2, 27 4,13
mass, kg (1b) ( 7.7) {7.2) { R.4) ( 5.0) (9.1}
Boor length”, 4.4 4,4 4.4 2.5 4.4
m (ft) (14.5 ) (14.5 ) (14.5 ) ( 8.3) (14.5 )
*Measured from solar panel cylinder
3-63
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TABLI 3-20. MASS SUMMARY BY MAJOR SUBSYSTEM

~ ATLAS/CENTAUR BASELINE,

e ———

T s T T rrEe T T ETRTRRes e Ty T vwewe, e e e

TR ca

Multiprobe Orhiter
Spacecraft Mass Spacecraft Mass

Item/Subsystem ky b kg Ib
Communications subsystem 14,24 31.4 12,84 28,2
Data handling subsystem 7.80 17.2 16.87 37.2
Command subsystem 9. 84 21.7 9.84 21.7
Controls subsystem 11.89 26.2 26.26 57.9
Structure and harness 100,68 235,2 96,03 211.7
subsystem
Power subsystem 29, 44 64.9 30, 89 68.1
Propulsion subsystem (di‘y) 11.57 25.5 12.29 27.1
Orbit insertion motor case - - 12.58 27.7
Bus total (dry) 191.46 422.1 217.59 479.7
Large probe 245.12 540. 4 - -
Small probe (3) 190,78 420.6 - -
Spacecraft subtotal 627,36 1383,1 217.59 479.7
Contipeenny 149.59 329.8 25.31 55,8
Experiments (bus only) 13.74 30,3 47.54 104.8
Spacecraft total (dry) 790.70 1743.2 290.44 640, 2
Propellant 22.23 49.0 26,76 59.0
Pressurant 0.18 0.4 0.20 0.4
Orbit insertion motor - —_ 143,33 316.0
expendables
Spacecraft total (wet) 813.11 1792.¢6 10U, 70 1016.7
Spacecraft attach fitting 31.30 69.0 31.30 69,0
Launch vebicle payload 844,41 Jool. 6 492, 00 1084.7
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TABLE 3-21. DETAIL MASS STATEMENT FROBE SPACECRAFT
ATLAS/CENTAUR BASELINE

Mass

Description kg b
Communications subsystem 14, 24 31,4
Transponder (2) 3.99 8.8
Hybrid (2) 0.05 0.1
Filter - TxBP (2) 0.91 2.0
Filter - harmonic (2) 0. 09 0.2
Circulator - isolator (2) 0.23 0.5
SPDT switch (3) 0. 36 0.8
Transfer switch (3) 0. 95 2.1
Power amplifier (2) 1,72 3.8
Coax 1.13 2.5
Bicone antenna 3,45 7.6
Medium gain antenna 0.71 2.0
Omni (wide beam) 0.27 0.6
Omni (narrow beam) 0.18 0.4
Data handling subsystem 7. 80 17.2
Remote multiplexers (3) 1.09 2.4
Telemetry Processor (2) 2,63 8.0
PCM encoder (2) *. 08 6.8
Commant subsystem 9.84 21.7
Command demodulator (2) 2.54 5.6
Central decoder (2) 4,26 9.4
Remote decoder (6) 1.91 4,2
Pyro control unit (2) 1.13 2.5
Controls subsystem 11.89 26. 2
Sun sensor assembly (2) 0. 32 0.7
Star sensor 2.49 4,5
Attitude data prccessor (2) 3,27 7.2
Sol 2noid driver 1.04 2.3
Nutation damper 1.36 3.0
Separation switch (2) 0. 45 1.0
Louver (10) 2.95 6,5
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TARLE 3-21 (Continued)

Mass
NDescription kg Ib
Structure ind harncess subsystem 106, 68 235, 2
Fquipment shelf 21,09 46, 5
Shelf support struts 1.95 4,3
Strut {ittings 1,54 3.4
Thrust tube 14,47 31.9
Liarge probe attach structurce 13, 83 30,5
Omni boom (2) 0.18 0.4
Medium gain antenna bracketry 1,36 3.0
Bicone antenna support structure 1.36 3.0
Cylindrical substrate 13,83 30.5
Small probe attach structurece 4,58 10.1
Propellant tank support 1,77 3.9
Thruster support 2.72 6.0
Balance weight 2,72 6.0
Miscellaneous hardware 1,81 4,0
Thermal blankets 11.43 25,2
Shelf doublers 2,27 5.0
Thermal coatings 0.91 2.0
Temperature sensors 0.C9 0.2
Wire harness 8.75 19. 3
Power subsystem 29.44 64.9
Battery (2) 11,16 24, 6
Undervoltage switch 0.77 1,7
Charge/discharge controllers (2) 3.36 7.4
Bus limiter (5) 3.13 6.9
Solar array (excludes substrate) 7.57 16,7
Power interface unit 0.68 1.5
Current sensors (3) 0.50 1,1
Probe battery charger 1, 81 4,0
Heater switch unit (2) 0.45 1.0
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’]_“{\.B_LF. 3-21 (C‘o_n_t‘i_nued)

Masasg

Description kp 1b

Propulsion Subsystem (dry) 11.57 25
Propellant tanks (2) 5.35 J1. 8
Thrusters (6) 1.63 3.6
Propellant valve (6) 1.36 3.0
Latch valve (o) 0. 54 1.2
Fill valve 0.14 0.3
Filter (4) 0. 54 1,2
Pressure transducer 0.23 0.5
Tubing " o32 0.7
Fittings 45 1.0
Thruster valve heaters (6) 0..5 0.1
Thruster insulation (6) 0. 45 1,0
Temperature sensors (8) 0.09 0.2
Propellant plenums (2) 0.14 0.3
Propellant tank heater (2) 0.27 0.6
Bustotal(dry) 191, 46 422, 1
Large probe 245,12 540, 4
Deceleration module 92, 62 204, 2
Heat shield subsystem (35, 52) (78. 3)
Heat shield 35,52 78.3
Structure subsystem (47.99) (105, 8)
Aecroshell structure 15,47 34,1
Internal structure 23,68 52,2
Ballast 1.36 3.0
Aft cover structure 7.48 16, 5

Aft cover insulation - -
Instrumentation and harncse subsystem (1.91]) (4.2)
Ablation sensor 0.14 0.3
Temperature sensc s (3) 0,05 0.1
Wire harness 1,72 3.8
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— . Description _

Parachute subsystom
Main parachute
Pilot ¢hme
Motor

Explosive nut “4ssembly (3)

Separation subisystem
Bus separation vxplosive nut
assembly (3)
Bus separation Spring asscembly (?)
In-flight disconncct I

Nut asscrnbly (3)

Pressure Vessel Module

Communications subsystem
Transponder
Filter, TxBP
Filter, harmonic
Circulator
Output amplifier (4)
Driver
Isciator (2)
Three-way summer /divider (2)
Coaxial
Hemispheric omni antenna

Command and data handling subsystem
Command/data unit
Pyro control unit
Acceleration switch (2)
Pressure switch (2)

Power subsystem
Battery
Powor interface unit
Current sensor
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Pressure vessel scparation explosive

(4,72
3.27
0. 50
0,48
0.50

(2, 49)

.45
0,77
0.59

0.68
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(5.99,
2. 00
0. 45
0. 05
0. 09
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TABLE 3-21 (Continued )

L TR T e

R Sy S TP I AT Wy

Mass
8 Description kg 1h
Structure and harness subsystem (98, 43) (217, 0)
Aerodynamic fairing 4, 03 9.0
Pressure vessel shell 47, 36 104, 4
Insulating retainer 2,27 5.0
Shelves (2) (includes heat sink) 23,68 ha. 2
Shelf interconnect 3.36 7.4
Adapter 3.90 8,6
Flanges (2) 8, 80 19, 4
Main, pressurc scal - -
Pressure gaugc 0.18 0.4
Stra’n gauges (3) 0,27 C. 6
Wire harness, externczl 0.14 0.3
Wire harness, internal 0.723 1.6
Cable cutter assembly 0.18 0.4
Penetrations (1.27) (2. 8)
Electrical feed throughs (5) 0.09 .2
Ports (5) 0. 45 1.0
Windows (3) 0.73 1.6
Insulation 1.13 2.5
Temperature sensors (5) 0. 05 0.1
Heaters (air) 0.14 0.3
Miscellaneous hardware 0.91 2.0
Scientific instruments (31.62) (69.7)
Temperature gauge .36 0.8
Pressure gauge . 45 1.0
Accelerometers 1.32 2.9
Ncutral mass spectrometer 10, 43 23.0
Cloud particle size analyzer 4,17 9.2
Solar radiometer 2.63 5.8
Gas chromatoegraph 4, 45 9.8
Wind altitude radar 4,58 10,1
Hygrormeter 0.59 1.3
IR flux radiometer 2.63 0.8
Small probe (3) 190,78 420, 6
Small probe (1) 63,59 140, 2
- — .
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TABLE 3-21 (Coofinued

Mass
Description kg 1b
Doccleration module 25,17 _55, 5
Heat shicld subsystem (10.02) (22.1)
Heat shield 10, 02 22,1
Structure suhsystem (13.61) (30.0)
Acroshell structure 7.48 16,5
Internal structure 5,35 11. 8
Fins (4) 0.32 0.7
Pressure port adapter 0.09 0.2
Rallast 0.36 0.8
Harness subsystem (0.18) (0. 4)
Wire harness 0.18 0.4
Separ ation/design subsystem (1.36) (3. 0)
Spin rockets (2) 0.18 0.4
Bolt thruster 0,18 0.4
Hinge arm and open latch 0. 41 0.9
In-flight disconnect 0.59 1.3
Pressure vessel module 38,42 84,17
Coramunications subsystem (1. 86) (4. 1)
Exciter 0.64 1.4
Stable oscillator (see scientific
instrurnents) - -
Output arnplifier 0. 54 1.2
Isolator 0.14 0.3
Driver 0,18 0.4
Coaxial 0.14 0.3
Hemispheric omni antenna 0.23 0.5
Command and data handling subsystem (2. 68) (5.9)
Command/data unit 1. 54 3,4
Regulator unit 0.18 0.4
Pyro control unit 0,54 1.2
Acceleration switch (2) 0.23 0.5
Pressnre switch (2) 0.18 0.4
Power subsystem (5.17) (11.4)
Battery 3,03 8.0
Power interface unit 1.36 3,0
Current sensor 0.18 0, 4
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TABLE 3-21 (Continued)

T T ——,— .

—————
Mass
Description kg lb ]
S T —— ]
Structure and harness subsystem (26.08) (57. 5
Pressure vessel shell 10. 07 22,2
External insulation (ESM) 0.18 0.4
Insulation retainer 1.04 2.3
Shelves (2) (includes heat sink) 8,26 18, 2
Shelf interconnect 1.32 2,9
Flanges (2) <. 31 5.1
Main pressure seal - -
Pressure gauge 0.18 0.4
Antenna cover 0.05 0.1
Fin adapters (4) 0. 09 0.2
Temperature gauge support arm 0.23 0.5
Temperature gauge release mech 0.14 0.3
flux detector arm 0.23 C. 5
IR flux detector release mech 0.14 0.3
Wiring harness, external} 0.27 0.6
Wiring harness, internal
Penetrations (0. 41) (0.9)
Electrical feeq throughs (3) J.05 0.1
Ports (3) 0. 09 0.2
Windows (2) 0.27 0.6
Temperature sensors (4) 0. 05 0.1
Miscellaneous hardware 0. 68 1.5
Internal insulation 0.36 0. 8
Heaters (air) 0.09 0,2
Scientific instruments (2, 63) (5. 8)
Temperature gauge 0. 36 0.8
Pressure gauge 0. 45 1,0
Nephelometer 0.54 1.2
Accelerometer 0.23 0.5
IR flux detector 0. 64 1.4
Stable oscillator 0. 41 0.9
Spacecraft subtotal 627, 36 1383, 1
Contingeucy 149, 59 329, 8




TABLE 3-21 (Continued)

Mass
Description kg Ib
Experiments (bus) 1} 74 30,3
Neutral mass spectrometer 6.26 13.8
Ion mass spectrorneter 1.81 4.0
Flectron temperature probe 1.13 2.5
UV spectrometer 3.13 6.9
Retarding potential analyzer 1.41 3.1
Spacecraft total (dry) 790.70 17422
Propellant 22,23 49.0
Pressurant 0.18 0.4
Spacecraft total (wet) 813,11 1792.6
Spacecraft attach fitting 31.30 69.0
l.aunch vehicle payload 844.41 1861.6
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' TABLE 3-22. DETAJL MASS STATEMENT ORBITEP )
, ) MISSION - - ATLAS/CENTAUR BASKI.INE :
Masns

Description kg b

Comimunications subsystem 12, 84 28,3

Transponder (2) 3.99 8.8

Hybrid (4) 0.09 0.2

Filter - TxBP (2) 0. 91 2.0

Filter - harmonic (2) 0.09 0.2

Circulator - isolator (2) 0.23 0.5

SPDT switch (6) 0.68 1.5

Transfer switch 0.32 0.7

Power amplifier (4) 3.45 7.6

Coax cables 1.22 2.7

High gain antenna 1.41 3.1

Omni (widebeam) 0.27 0.6

Omni (narrowbeam) 0.18 0.4

Data handling subsystem 16,87 37.2

Remote multiplexers (3) 1.09 2.4

Telemetry processor (2) 3,63 8.0

Data storage unit (2) 9.07 2G.0

PCM encoder (2) 3.08 6.8

Command subsystem 9. 84 21.7

Command demodulator (2) 2.54 5.6

Central decoder (2) 4,26 9.4

Remote decoder (6) 1.90 4.2

Pyro control unit (2) 1.13 2.5

Control Subsystem 26,26 57.9

Sun sensor assembly (2) 0,32 0.7

Star sensor 2. 49 5.5

Attitude data processor (2) - 3,27 7.2

Despin control electronics (2} 3.90 8.6

Solenoid driver 1,04 2.3

Nutation damner 1,30 3.0

BAPTA | H. 062 14,6

Magnetometer deployment mechanism 3.27 7.2

Separation switch (2) 0,45 1.0

Louver (12) 3.54 7.8
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TABLF 3-22, (Contj nied)

oY

- Mass
’ Description kg Ik
Structure subsystem 96,03 211.7
. Equipment shelf 21.09 46,5
Shelf support struta 1.95 4,3
Strut fittings 1.54 3.4
Thrust tube 14,47 31.9
BAPTA support 2,22 4.9
~ High gain antenna mast 2.59 5.7
Omni and X-band mast (2) 0.32 0.7
Cylindrical substrate 13.83 30.5
Propellant tank supports (2) 1.77 3.9
Thruster supports (7) 2,95 6.5
Motor attach ring 2,22 4.9
Balance weights 2,72 6.0
RF altimeter support 0.68 1.5
Miscellaneous hardware 1.81 4.0
Thermal blanket 10.52 23,2
Shelf doubler 2.27 5.0
Thermal coating 0.91 2.0
Temperature sensor (21) 0.14 0.3
Wire harness 12. 02 26,5
Power subsystem 30,89 68.1
; Battery (2) 11.16 24,6
; Undervoltage switch 0.77 1.7
i Solar array (excludes substrate) 8,39 1€.5
; Bus limiter (6) 3.76 8.3
Charge/discharge controller (2) 3.36 7.4
; Overload control unit (2) 2.72 6.0
i Current sensors (3) 0.50 1.1
;i Heater switch unit 0.23 0.5
g Propulsion subsystern (dry) 12,29 27,1
E Propellant tanks (2) 5. 35 11.8
5 Thrusters (7) 1.91 4.2
=] Propellant valve (7) 1.59 3.5
E Latching valve (2) 0.54 1.2
-’ Fill valve 0.14 0.3
= Filter (4) 0.54 1.2
g Pressuse transducer 0.23 0.5
= Tunhing 0.45 1.0
= Fittings 0,45 1.0
E Thruster valve heaters (7) 0. 05 0.1
: -
B
=
3-82

OIREEt

LU Y abtte B s st b el BRSO MOt £ A A R i



TABLE 3-22 (Coatinued)
Mass
Description kg 1b
Thrusﬁer insulation (7) 0.54 1.2
Temperature sensors (9) 0. 09 0.2
Propellant plenum 0.14 .3
Propellant tank heaters (2) 0.27 0.6
Orbit inserticn motor case 12.58 27,17
Motor case (burned out) 12,52 27.6
Nozzle heater 0.04 0.1
Temperature seasor (2) 0.02 0.0
Bus total (dry) 217.59 479, 7
Spacecraft subtotal 217.59 479,17
Contingency 25,31 55.8
Ixperiments (bus only) 47,54 104,38
Magnetometer 4, 04 8.9
Solar wind analyzer 5.76 12.7
Flectron temperature probe 1.59 3.5
Neutral mass spectrcmeter 6.26 13.8
Ion mass spectrome.er 1,68 3.7
Ultraviolet spectrometer 5.26 13.8
IR radiometer 6.26 13.8
Radar altimeter 10.43 23.0
X-band occultation (5.26) (11.6)
X-band driver 1.36 3.0
X-band TWTA 2.27 5.0
Isolator 0.05 0.1
Rotary joint 0.4! 0.9
Coax 0.27 0.6
Antenna 0.23 0.5
Contingency (15 percent) 0.68 1.5
Spacecraft total (dry) 290. 44 640.3
Propellant 26.76 59.0
Pressurant "_gng 0.4
Orbit insertion motor expendables 143, 36 316.0
Spacecraft total (wet) 460,70 1015, 7
Spacecraft attach fitting 31.30 69,0
I.aunch vehicle payload 1084, 7
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In launch configuration the probe bus har a mass of 813.1 kg (1792.6
1b) with c.m. located 134.6 ¢m (53 1n. ) ahove the separation plane from the
launch vehicle. The roll to transverse inertia ratio varies from a minimum
value of 1. 26 at launch to 1.£€0 after rclease of all probes. This inertia
ratio range assures adequate spin stability. A maximum diameter of 254 cm
(100 in,) and an overall length of 287 em (113 in.) when in launch configura-

tion allows for generous radial and longitudinal clearances from the allowa-
ble payload dynamic envelope.

An Intelsat IV spacecraft attach fitting was selected for use on the
launch vehicle. The interface diameter of 112 cm (44.2 in.) permits a larger
view factor froin the spacecraft aft end than the Mariner 140 cm (55 in. )

diameter and permits a larger spacecraft mass than that allowed if the Delta
spin table and 3731 fitting are used,

The basic arrangement is composed of the following primary ele-
ments. A right conical frnstum forms the central thrust tube. The large
diameter rmates to the Intelsat IV launch vehicle spacecraft adapter, A cir-
cular shelf for the mounting of subsystem units and science instruments is
positioned at the upper end of the thrust tube. Twelve equally spaced support
struts are attached at the shelf perimeter and extend radially to the thrust
tube lower end. A cylindrical substrate surrounds the shelf and is positioned
S0 as to provide an enclosed volume for housing equipment above and below the
shelf, The substrate extends sufficiently below the shelf to permit the solar
array to be mounted entirely in that area, except for patching ahove the shelf
line, to accommodate cutouts in the panel for radial thrusters. The length
below the shelf is sized for the larger array required on the orbiter mission
and is kept the same for the probe bus for commonality, This also allows the

upper substrate area to have apertures, etc., wherever required without
interfering with the array.

Located bencath the shelf and supported from the thrust tube are two
hydrazine propellant tanks positioned diametrically oppnsite each other and
between siruts, This arrangement facilitates assembly of the shelf and thrust
tube without disturbing the tank installation. Also, by being below the shelf
the upper shelf surface and compartment volume are entirely available for
mounting and positioning of subsystem units and science instruments., This

basic arrangement of thrust tube, shelf, etc. is identical for probe and orbiter
spacecraft,

An inverted right conical frustum adapter installed at the upper end of
the thrust tube provides for support and installation of the " wrge probe, The
mechanical interface with the probe occurs at three attach tittings equally
spaced at the upper ond of the adapter. The three smaller probes are posi-
tioned symmetrically around the adapter and are supported by structural ele-
meunts extending radially from the adapter and vertically to the sheif,

Separation of the large probe is in an axial direction with a small
AV heing applicd from springs located at cach attach fitting, After large
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probe separation the three smaller probe are releasced simultancously.  They
separate in o tangential direction to the spacceccatt with a AV due to the space-
craft spin, As they leave in the lateral direction they trace a spiral path, in
spacecralt coordinates, and opposite in direction to the spacecraft spin, over
the upper surface of the spacecraft. Thercfore, this region is kept {ree of
protuberances above the forward planc of the substrate,

Three of the bus science instruments, the ion and neutral mass spece-
tromaters, and the retarding potential analyzer (RPA), requirce an unob-
structed conical ficld of view in the direction of the velocity vector and parallel
to the spin axis, after probe releasce, These instruments are positioned to
look between the small probes such that clearance with probe support structure
and other spacccraft appendages is ensured., The ultraviolet spectrometer
has a small pointing angle forward off the spin axis and the electron termpera-
turc probe is 90 deg to the spin axis and ar. positioned at the shelf outer edge.

The other subsystern units are arranged on the shelf in a manner that
provides for functicnal grouping and balanced mass and thermal distribution.
Sufficient space exists on the shelf to permit units to be repositioned if their
thermal or mass distributions should change. Ten thermal control louvers
arc attached to the lower surface of the shelf and will control the thermal
radiation out of the aft cavity, Units that tend to dissipate large amounts of
energy are located over, or near as possible, to the locations of the louvers
to minimize the amount of conductive material required to be added to the
shelf, Identical shelf locations are maintained for the majority of those units,
and thermal control louvers that are common to both probe and orbiter space-
craft. This feature can be seen by comparison of Figures 3~18 and 3-19,

A dual bicone antenna, with a 360 deg beam in a plane normal to the
spin axis and 30 deg in elevation, and a wide beam omni antenna (220 deg
beam), arc positioned on the spacecraft centerline 2£t of the thrust tube. The
Intelsat IV spacecraft adapter has sufficient usable internal diameter and
length to permit the antepnas to be mounted on a nondeployable support struc-
ture at a distance from the end of the spacecraft thrust tube sufficient to
provide them with an unobstructed rf beam field. Adequat~ ciearance between
the antennas and the attach fitting exists to provide for scparation tipoff
conditions,

A medium gain horn antenna, with a 45,7 cm (18,0 in, ) aperturce and
a conical beam angle of 20 deg, is attached at the shelf aft side and pointed
parallel with the spacccraft ceniorline. The antenna is placed in the same
scoctor as one of the hydrazine tanks to mivimizc potential partial blockage
of a louver view,

The star scnsor line of sight required is 58 deg from the spin axis on
the forward ond of the spacecraft and has a 25 deg field of view, By placing
it midway between two of the sroall prohes and at the outer perimeter of the
sholf possible reflections off the spacecraft are prevented from entering the
sunshicld,  Three sun sensors, with a combined ficld of view of 150 deg in
a plane containing the spin axis and centered about a normal to the axis, are
located at the outer peritmeter of the substrate, in a location freoe ol extensions,
to prevent false readings due to spacecraft reflections,
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The orbiter spacecroft iu launch configuration hay a total masg of
460, 7 kg (1015, 7 1b) with a center of mass located at 65, 3 ¢n, {25.7 in,)
above the separation Plane from the launch vehcile. The Spir to transverse
inertia ratio varie

s from a minimum value of 1, 34 tg a maximum ox 1, 68 at
end of life, Like the probe

i cacraft inertia ratio range
assures adequate gpin stability throughout the mission. A maximum diameter
of 254, 0 e¢cm (100, 0 in. ) and

an overall length of 325 cm (128 in, ) provides for
generous radial and longitudinal cl

earances from the allowable Payload dyna.
mic envelope,

The basic arrangement
ment shelf, struts, substrate,
identical to the probe bus,

Primary clements, i. e, » thr

ust tube, equip-
and hydrazine tanks,

as previously noted are

An existing quadripod structure from the Telesat d
at the upper end of the ¢t

hrust tube and Provides for su
of the bearing and power transfe;

esign is installed
Pport and installation
. The high gain antenna
TA and positions the

centerline of the HGA 97 ward plane of the sub-

strate.

Of the nine specified experiments, four are similar to those specified
for the probe bus, Thesec are the electron temperature probes, Ultraviolet
Spectrometer, and the ion and neutral mass Spectrometers, They will be at
the same shelf iti

same. The ion
e pointed nominally 56 deg from the spin
axis in a forward direction and are

‘ear the outer edge of the shelf. This
provides clearance from the HGA for their required conical field of view, The
ultraviolet spectrometer and solar wind in

struments have Pointing angles 90
deg to the spin axis thus are located at the shelf outer edge and are provided
with apertures through the substrate. The magnetometer is deployed by a
three link articulated boom to a distance of 5.64 m (18.5 ft) from the space-
craft centerline in a plane just forward of the substrate, For launch the boem
is folded and stowed above the substrat

e at a location that ig free of instru-
ments having forward pointing angles, Thus, if the boom should fail to

deploy it would not cause blockage to any of the science instruments,

The pointing angle for the radar altimeter
the periapsis latitude. For the Atlas/Centaur baseline (56° S nouminal periap-
sis latitude) the angle is 34 deg from the Spin axis in the forward direction,
To maintain radar beam (~104 deg in clevation) clearance with the HGA the
radar aotenna is located at

the outer edge of the apacecraft and mainly above
the forward plane of the 80 d A reduction jin pori-

lar panel cylindrical substrate,
apsis latitude requires a corresponding increase in the radar antenna pointing
argle, The HGA is Positioned such that clea rance between the HGA beam and
the radar antenna is maintained when the latter ig positioned for a periapsis lati-~
fude of 13 deg,  Thus, if it should become desirable to lower the periapsis
latitude from the selected 56 deg to onc as low as 13 deg only a repositioning
of the radar antenna to the hew pointing angle is required,

antenna is determined by
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For the rf occultation experiment an X band transmitter and a 20 deg
heainwidth X band transmitter is located on the equipment shelf and the
antenna is positioned above the HGA on the despun mast, This antenna
jocation will provide clearance between the 20 deg beam and the magneto-
meter and boom,

The subsystem umit shelf arrangement for the probe bus was developed
to maintain commonality of location for units for probe and orbiter wherever
possible, and also permit the orbiter additional science instruments te he
added without requiring a major rearrangement of the equipment, ‘The addi-
tional equipment increases the thermal load on the shelf from that of the
probe Ims and two additional thermal control louver modules are added to
the chelf lower surface to accommodate the increase.

For the bascline type II transit trajectory, the Thiokel modified
TE-M-521 solid propellant motor is selected to provide orbit insertion. A
motor attach ring is added internally to the thrust tube tc provide for installa-
tion of the 44.5 cm {17.5 in.) by ~114 em (45 in.) long motor.

For the alternate type I transit trajectory the candidate insertion
motor is the Thiokol TE-M-616 solid propellant motor. This motor is some-
what larger, 69.3 cm (27.3 in.) diameter by 123.7 cm (48. 7 in.) long, but
can also be accommodated by merely changing motor attack rings.
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4. STRUCTURE SUBSYSTEM

The spacecraft structural design criteria und dynamic loads analysis
performed for the Thor/Deita booster are discussed in subsection 4,1, The
design criteria provide a sat of design conditions, requirements and objac -~
tives, which when implemented will insure structural integrity, Loads and
design conditions are established for the launch phase whic! is most critical
with regard to structural integrity,

In order to verify compliance with structural subsystem design
requirements, such as strength and stiffness, a dynamic analysis was per-
formed for the Thor/Delta launch multiprobe and orbiter spacecraft. This
analysis consisted of mathematically representing the probe and orbiter
vehicles with 39 and 42 mass point models, respectively, These mass points
were connected by 87 and 85 structural elements respectively, which repre-
sent the stiffness characteristics of the spacecraft structurce. From these
mathematical models, analyses were then performed to determine internal
loads and spacecraft resonant frequencies, The loads were subsequently
used in the vehicle stress analysis to insure adequate structural capability,
Fundamental vehicle resonances were determined to occur at 23 Hz
laterally and 64 Hz axially for the probe spacecraft and at 12 Hz laterally
and 65 Hz axially for the orbiter spacecraft., These compare with minimum
design goals of 20 Hz laterally and 35 Hz axially. thus the orbiter lateral
resonance at 12 Hz does not meet the design goal. However, it is felt that
this is not a serious problem since the 12 Hz resonance results from anteana
boom bending and compares with a 12, 5 Hz fundamental resonance for the

similar Hughes Telesat spacecraft which has experienced no structural diffi-
culties,

The use of beryllium is considered for application on the probe bus
and orbiter spacecraft for the Thor/Delta. configuraticn only, The Thor/
Delta configuration is weigat critical whereas the Atlas/Centavr version is
more concerned with economic considerations. Beryltium structural
elements are employed on the Thor/Delta spacecraft in areas where Hughes
Aircraft's experience with beryllium shows that such elements could be
reliably manufactured and assembled. Application of beryllium resulted in
a mass savings of 4.8 kg (10.6 1b) on the probe bus spacecraft and 2,5 kg
(5.5 1b) on the orbiter spacecraft. Respective cost increascs of 5163, 800
and 540, 300 for four spacecraft was associated with the use of beryllium,
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The descriptions of the Thor/Delta (subscction 4. 3) and Atlas/Centaur
basceline (subscction 4,4) structural configurations emphasize the fundamentas
cifort to achieve a high degree of commonality hetwecn the probe bus and
orbiter spacecraft, This is successfully achieved with a design which makes
use of 4 common thrust tube, cquipment shelf, shelf support struts, propul-
ston support stracture, solar panel substrote and support fittings, It as
estimated that an 81, 040, 000 cost savings will be realized for the overall
program requirements o the structural subsystem area as a direct result of
the employment of these common structural clements for the probe bus «ond
orbiter ssacecraft. This estimate applies to either the Thor/Delta or Atlas/
Centanr configurations,

4.1 STRUCTURAL SUBSYSTEM REQUIREMENTS

The structural subsystem is required to meet the critical condition of
Jaunch and provide a suitable environment for the equipment mounted to it.
This scction includes the basic structural design requirements for the struv: -
tural subsystem, and a summary of the preliminary dynamic analy<es per-
formed for the Thor/Delta spacecraft together with spacecraft quasi-static
and dynamic load requirements for both the Thor/Delta and Atlas/Centaur
boost vehicles. Structural design requirements for the probes are presented
in Volume 5.

Structural Design Requirements

The structure shall possess cufficient strength, rigidity, and other
necessary characteristics 1equired to survive the critical ioading conditions
which e<is* within the envelope of mission requirements and it shall be
designed to achieve minimu~ weight wherever possible.

The design load envircnment for the Thor/Delta and Atlas/Centaur
spacecraft are shown in Tables 4-1 ard 42,

The uniform quasi-static loads factors to which the vehicle will be
subjected are shown in Table 4-1. These loads are based upon critical flight
conditicas and are ultimate factors.

In addition to the above uniform quasi-static load condition, nonuniform

lateral quasi~static conditions will be used in the vehicle design. These non-
uniform conditions represent the first mode flexibility and mode shape which
is aormally excited at *iftoff. Typically these nonuniforio lateral loads take
the form of a parabolic curve extending from a maximuin level at the upper-
most point of the spacecraft and decreasing to a minimum value at the base
of the adapter,

The dusi}.’,n qualification dynamic load environment for both the Thor/
Delta and Atlas /Centaur spacecraft are presented in Taole 4~2. These con-
sist of unnctohed sinusoidal and random test levels applied at the basze of the
i~ oster adapter. The load conditions of Table 4-4 are intended to simulate
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TABLE 4-1, QUASI-STATIC UNIFORM ULTIMATE LOAD FAC TORS

Conditioa Axis Acceleration, g
Thor/Delta-Probe Spacecraft
Liftoff Thrust | .4,35, 4], 5%
Lateral 3.45
MK CO/PCS0 Thrust ~21
Lateral +1. 15
Spin:
Launch (100 rpm maximum) Radial 0. 164R™ (0. 41¢R)
Transit (60 rpm) Radial 0. 059R (0. 150R)
Large probe release (15 rpm) Radial 0. 0037R (0, 0094R)
Small probe release (71. 2 rpm) | Radial 0. 0835R (0, 212R)
Orbiter
Liftoff Thrust -4.35, +1.5
Lateral 4.5
MECO/PSGO Thrust -25
T.aleral +1.5
Insertion motor burn Thrust -13, 2
Lateral 0.5
Spin:
Launch (100 rpm) Radial 0. 164R (0, 416KR)
Transit (60 rpm) Radial 0. 029R 0. 150R)
Transit (30 rpm) Radial 0.0148R (0. 0375R)
Atlas/Centaur-Both Vehicles
Boost Thrust -9.6, +4.0
Lateral 3.0
Insertion burn** Thrust ~10.0
Lateral 0.5
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TABLE ¢ (continued)

[ Condition Axis Acceleration, g
Spin: (probe Spacecraft)
Separation (0 rpm) — -
Transit (25 rpm) Radial 0.0106R (0, 0268R)
Large probe release (15 rpm) Radial 0.0037R (0, 0094R)
Smail prohe release (47, 5 rpm)| Radial 0. 037R (o0, 094R)
Spin: {orbiter)
Separation (0 rpm) - 0
Transit (25 rpm) Radial 0. 0106R (0, 0268R)
Orbit (5 rpm) Radial 0. 00039R (o0, 0010R)
ikSee Figures 4-] ang 4-2 for sign convention

aly o
i

'"“Where R is the radial distance in centimeters ang (inches) from the
Point in questiop to the spin axis
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TABLE 4.2, UNNOTCHED QUALIFICATION VIBRATION L.LEVELS
Thor Delta.
Sinusoidal Vibration -~ Sweep Rate = 2 cct/min i
Thrust Axis Lateral Axes }
-1'
Frequency, Acceleration, g Frequency, Acceleration, g 1
Hz (0 peak) Hz (0 peak) ‘
5-15 2.3 5-14 2, 3%
15=21 €.8 14-250 1.5 ;
21-250 2,3 250-400 4.5 |
250~-400 4.5 400-2000 7.5 :
400-2000 7.5 *3, 0 for orbiter spacecraft |
Random Vibration - Time = 2 min/axis j
Thrust and Lateral Axes
Frequency PSD gZ/Hz g rms
20-300 +3 dB/oct -
300-2000 0.045 9.2

Atlas Centaur

Sinusvidal Vibration - Sweep Rate = 2 oct/min

Thrust Axis Lateral Axes
Frequency, Acceleration, g Frequency, Acceleration, g
Hz (0 peak) Hz (0 peak)
5«8.5 1.5 ¢m dia 3-8 1.1 cm dia
8.5-200 2.3 8-200 1.5
Rardom Vibration - Time =4 min/axis
Thrust and Lateral Axes
Frequency PsSp gz/Hz g rma |
. ' ' i
: 20-150 +6 dPB/oct 9.3
150-2000 0.045 - i
) |
i i
4.5
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conditions more severe than those actually expected from ground handling,
launch and erbit insertion in order to provide assurance of discovering any
design deficiencies which might exist. They are not intended to exceed design
safoty margins and care is taken not to introduce unrealistic modes of failure
primarily by reducing or "notching the input levels if required. The quali~
fication levels of Table 4~2 have applied a factor of 1.5 over the expected
flight or acceptance levels and would be used in analyses or tests for struc=~
tural qualification or in determination of unit qualification levels, Protoflight
spacecraft test requirements may not necessarily specify these levels and
durations.

It is a common practice in spacecraft design to notch (reduce)
vibration test input levels when the spacecraft and/or booster adapter will
otherwise experience unrealistically high load levels compared with maximum
expected flight load levels. Notching is based on consideration of load levels
at critical structural locations, such as the booster adapter, and input vibra-
tion levels are notched in frequency bands in which major spacecraft reso-
nances are excited.

At the lower frequencies, some compensation must be made for the
fact that the rigid seismic mass of the shaker head does not simulate the long,
flexible launch vehicle., This compensation is in the form of a reduction of
vibration input in the frequency ranges of the fundamental spececraft
resonances. This reduction of input levels is controlled automatically such
that the readings at the control strain gauge bridges do not exceed the
ultimate strain determined from the structural model static loads test, It
will be determined during this test whether parallel notch control based on
maximum response acceleration wiil be required, Acceleration notch control
shall be implemented if the maximum response acceleration during the low
level tests indicates that the qualificatinn response will exceed the levels
derived from a booster/spacecraft dynamic analysis.

The load levels to which the spacec:aft is notched are developed from
a coupled booster-spacecraft dynamic analysis. This analysis is accom-
plished in part by the booster contractor and in part by the spacecraft con-
tractor. A detailed analysis accounting for the dynamic characteristics of
the spacecraft and launch vehicle is conducted by the booster contractor.
This analysis includes consideration of liftoff, staging, and maximum aerc-
dynamic pressure [light events. The results of this analysis are then used by
the spacecraft contractor to develop detailed internal loads. As a result of
these internal loads, notch levels are obtained for critical areas of the
spacecraft,

Unit qualification sinusoidal vibration test levels are presented in
Tables 4~3 and 4-4.for the Thor/Delta and Atlas/Centaur, respectively, The
levels are intended to approximate ultimate design conditions experienced by
the urit when mounted on the spacecraft, These load levels are ubtained
from a dynamic loads analysis of the spacecraft as described later in this
subsection. In general, units and unit support structiiae will be designed to
the peak unit load levels shown in combination with the associated number of
stress cycles,

b e i & " e o ks 1.
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Design Criteria

The following factors of safety are applied to all load levels derived

from analysis or test.

Limit Proof Ultimate Burst
1) Flight loads 1. 00 - 1. 50 -
2) Nonflight loads, dangerous 1.00 - 1. 50 0
to personnel
3) Nonflight loads, rernote 1. 00 - 1. 50 -
to personnel
4) Pressure loads, dangerous 1.00 1.50 - -
Tanks - - - 2,00
Lines and other - - 4.00 -
components !
5) Pressure loads, remote 1. 00 1.15 1. 25 -

to personnel

The structural subsystem is designed to withstand, without degradation,
simultaneous application of loads, temperatures, and other accompanying

environmental phenomena.
phenomena except loads.

No factor of safety is applied to any environmental

The structural design is such that comparison of the applied load (or
stress) to the allowable load (or stress) shall result in a positive margin of

safety, MS.

MS =

_ Allowabie l.oad

Applied Load i

The effects of combined loads or stresses (interaction) shall be

included in the detailed stress analysis.

For minimum weight, the structural

design shall stiive fui the smallest permissible margins of safety, which
shall be zero, except in certain specific instances where specified finite

values may be required,

Material strengths and other mechanical and physical properties shall
be selected from authorized sources of reference, such as MIL-HDBK-5B

and MIL-HDBK-17, and from Hughes test values when appropriate.

Strength

allowables and other mechanical properties used shall be appropriate to the
loading conditions, design eovironments, and stress states for each struc~

tural member.

Allowable material strengtns used in design reflect the effects of

temperature and time associated with the design environment,

properties are as follows:

Allowable

4-9
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1) For single load path structures, the minimum guaranteed values
(A valuces in MIL-HDBK-~5B) are to be nsed

2)  For multiple load path structures, the 90 percent probability :
values (B values in MIL~-HDBK=~5B) are to be usaed f

In designing for fatigue environments, the allowable stress
corresponding to the lower edge of the scatter band of test results is used
where sufficient data is available. In the event insufficient data is available
to define a scatter band, the required number of cycles is inc reased by a
factor of 4 and the mean value fatigue curve used. When multiple fatigue
environments exist, the combined cffect is determined by the use of Miner's
rule or other acceptable methods such as the Method of Universal Slopes.

In addition to meeting strength requirements, the spacecraft structure

must also be designed to provide the proper stiffness to comply with struc-

tural frequency requirements. Natural frequency requirements are imposed

upon the vehicle for the following reasons: j
1) To avoid dynamic interaction with the booster control system

2) To avoid a resonant condition induced by the spinning section
when the vehicle is in flight

3) To ensure predictable dynamic loads

4) To limit deflections

The following are spacecraft design frequency goals:

1) Total structure without adapter - lateral: 20 Hz minimum
2) Total structure without adapter - axial: 35 Hz minimum
3) Bracket mounted components: 80 Hz minimum

Dynamic Loads Analysis

A preliminary dynamic analysis has been performed con the Pioneer
Venus probe and orbiter spacecraft. These analyses bave been performed
for the Thor/Delta spacecraft weighing approximately 384 kg (847 1b) and
293 kg (646 1b), respectively. A sumwmary of these analysis arec included
hercin, Represcentation of the Atlas/Centaur spacccraft weighing up to 815 kg
(1800 1h) would involve a similar type of analysis and modeling. Each space-
craft was subjoected to several quasi-static load conditions and also to sinu~
soidal and random vibration. Each load condition was applied separately, and
corresponding loads and accelerations determined. The complete rvesults of
this analysis are contained i Study Task VI-4, Dynamic loads Analysis.

The loads analysis was performed for spececraft constructed of
aluminum,.  The effcet of changing the material of the primary structural
clements to beryilium would be to in general increase the stiffvess and raise
the natural frequency of the structure,  This effect should, if anything, lower
design loads. Thus, the loads pnredicted for the aluminum structure are con-
sidered aceeptable for design of a beryllinm structure,

4.10
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Muathematic Models

The Hughes matrix analysis routine for structures (MARS) computer
program was used to perform the structure analysis under Task No. VI-4,

Probe Spacecraft Model., The probe spacecraft model including the
booster adapter, has 39 mass stations which are distributed as shown in
Figure 4-1. Due to the preliminary nature of the analysis, some simplifying
assumptions were used on constructing the model. For example, the large
probe is modeled as a single mass and the weight of shelf mounted equipinent
is assumed to be uniformly distributed over the shelf surface, and is lumped
at 15 mass stations,

A total of 87 structural elements are used to conncct the mass stations.
The probe spacecraft model utilizes only three element types of the five typec
which can be modeled in the MARS computer program. The thrust tube, solar
panel, antennas, equipment shelf support struts and propellant tank supports
comprise 49 thin walled conical and cylindric al element. Supports for the
small probes, the propellant tank upper support T-sections and the booster
adapter comprise 22 beam elements. The equipment shelf is represented by
16 plate elements.

The first 45 natural frequencies were calculated and used in the loads
analysis. The first 10 modes are tabulated and briefly described in Table 4-5,
In the spacecraft-without-booster adapter configuration, the fundamental
lateral and axial structural frequencies were 23, 2 Hz and 64. 0 Hz,
respectively, These compare with design goals of 20 Hz and 35 Hz, respectively,

Orbiter Spacecraft Model. The orbiter spacecraft model, including
the booster adapter, has 42 mass staticns which are distributed as shown in
Figure 4-2. The thrust tube, adapter, equipment shelf supports, solar panel
and fuel tanks and supports are structurally identical to the multiprobe spuce-
craft structure. The weight of equipment on the shelf is assumed uniformly
distributed over the shelf surface at 24 mass stations.

A total of 85 structural elements are used to connect the mass stations.
The orbiter spacecraft model utilizes four of the five types *vhich can be
modeled in the MARS computer program. Two stiffness matrices are used
to represent the bearing and power transfer assembly (BAPTA)., The thrust
tube, solar panel, antennas, cquipment shelf support struts, omni-antenna
tie bars, thruster supports and propellant tank supports comprise 50 thin-
walled conical and cylindrical elements. The propellant tank upper support
T~=sections, the orbit insertion motor supports and the booster adapter coma-
prisc 9 beam celements., The equipment shelf is represented by 24 plate
e¢lements.

The first 40 natural frequencies werc calculated and used in the loads
analysis,  The first 10 modes are tabulated and briefly described in Table 46,
In the spacecraft without booster adapter configuration, the fundamentai
lateral and axial structural frequencies were 12 Hz and 62 Hz, respectively,

4-11
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SYSTEM
COQRDINATES

FIGURE 4-1.

PROBE SPACECRAFT MATHEMATICAL MODEL
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TABLE 4-5. FIRST TEN MULTIPROBE SPACECRAFT
NATURAL MODES

Mode Freguency,
Number Iz Description of Mode
,[ 20,4 Large probe lateral (X)
| 20.4 Large probe lateral (Y!
29.8 Small probe lateral
(2in X, 1 in Y)
4 35,7 Bicone/omni antenna (Y)
5 35.7 Bicone/omni antenna (X)
6 61.5 Small probe and shelf {Z)
fundamental axial mode
65. 8 Small probe (Z, X)
: 66,4 Small probe (Z, X)
9 : 66.9 End fire antenna,
! small probe (Y)
10 'i 69.3 End fire antenna (Y)

TABLE 4-6, FIRST TEN ORBITER SPACECRAFT
NATURAL MODES

Mode Frequency,
Number Hez Description of Mode
1 12. 0 High gain antenna (Y)
2 12.1 High gain antenna {X)
3 32.8 Omni antenna (Y)
4 3.4 Omni antenna (X)
5 35.5 Equipment shelf torsion
6 36,1 Motor (Y), shelf (Y, 2)
7 36.4 Spacecraft (X)
8 61,6 Shelf (Z) - fundamental
axial mode
9 64. 1 Shelf (Z); thrusters (X)
10 66. 5 Shelf (2); thrusters (Y)

e S P
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These compare with design goals of 20 Hz and 3% Hz, respectively, The

12 e lateral mode results from antenna boom bending, and compares with a
12,5 Ha fundamental mode on the Hughes Telesat spacecraft due to antenna
distortion. It presents no problem from the spacecraft stractural design
vicwpoint,  The first lateral mode which involves bending motion of the adapter
and thrust tabe occurs at 38, 06 Ha,

4,2 TRADES

Heryllium chLht/'Cost Considerations

To reduce the structural weight on the Thor/Delta configured probe
bus and orbiter spacccraft, a study was conducted to establish the ramifica-
tions of employing beryllium in the manufacture of various spacecraft struc-
turvs. Spacecraft stiffness requirements largely eliminated consideration of
other materials.

Hughes Aircraft's 7 years of experience in the application of beryllium
structures to spacecraft indicates that the use of beryllium on the Pioneer
Venus is practical. Hughes has dclivered beryllium flight hardware, on three
programs, including spin arm assemblies, cone skin assemblies, complete
despin platform assemblies and antenna tubes, Figure 4-3 illustrates several
{light proven structural assemblies which have been designed, manufactured,
and assembled at Hughes' own facilities. To date the use of beryllium on
spacecraft structures has proven to be very successful, Hughes maintains
active beryilium manufacturing and laboratory facilities and is engaged in a
continuing company~-funded effort to enhance the state of the art ard reduce
costs.

The Thor/Delta spacecraft substituted beryllium for aluminum on the
thrust tube and shelf supports. The desigr of the probe bus readily lent it-
self to the use of beryllium in the large and small probe support structures.
Beryllium was also selected for the BAPTA support on .he orbiter vehicle.

It is noted that the BAPTA housing and shaft will also be made of beryllium
since this has already been accomplished on other programs (see Figure 4-3),
A comparison of the estimated weights for the aluminum and beryllium struc-
ture indicated a 4, 8 kg (10. 6 1b) mass savings on the probe bus spacecraft and
a 2.5 kg (5.5 1b) mass savings on the orbiter spacecraft. Table 4-~7 and
Figurc 4-4 document aad iliustrate the mass savings using beryllium.

It is concluded that by employing beryllium, the mass reduction of
approximately 4.8 kg (10. 6 1b) achieved on the probe bus would result in a
cost increase of approximately $163, 800 for four spacccraft, Likewise, the
mass reduction of approximately 2.5 kg (5.5 1b) would be achieved on the
orbiter at an approximate additional cost of $40, 300 for four spacecraft.

T
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SMALL () = MASS SAVINGS USING BERYLLIUM g
PROBE SUPPORTS SING BERYLLIU T a:
1.0kg (2.2 1b) &
1Y
LARGE g
e \ " PROBE SUPPORT =

~ \ 18kg (3.9ib)

BAPTA SUPPORT
0.5kg (1.01b)

— SHELF
SUPPORTS
0.7kg (1.51b)

SHELF
SUPPORTS
0.7 kg (1.5 Ib)

THRUST TUBE
1.4kg (3.01b)

STRUCTURE: 41.3kg (91.01b) Al THRUST TUBE
36.5 kg {80.4 ib) Be 1.4kg (3.0}
TOTAL RERUCTION 4.8 kg (10.6 ib}

STRUCTURE: 35.0kg (77.2ib} Al

MULTIPROBE SPACECRAFT 325kg_(71.7 o) Be

TOTAL REDUCTION 2.6 kg (5.5 Ib)
ORBITER SPACECRAFT
FIGURE 4.4, STRUCTURAL MASS REDUCTION USING BERYLLIUM
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SLress Analysis
__.._..__-——-—)_...-

The primary purposc of the stress analysis is to substantiate the
structural integrity of the principal gtructural elements of the spacecraft.
The design conditions and Loads used in the analysis are described in sub-
soction 4.1 of this report. The appendix which presents a condeunsecd stress
analysis pvrformod for the aluminum version i8 concerned with only those
structural clements which will be made of beryllium, Hughes experience in
the machining, dr illing, and handling of beryllium indicates a minimum
material thickness of 0,076 cm (0. 030 in. ) should be used to assure the
development of pr actical structures having a large degree of reliability.

The thrust tube and the shelf support struts are identical for both the
probe and orbiter spacecraft. Investigation of the design loads shows that
the probe spacec raft loads are critical for the thrust tube and shelf support
struts. The BAPTA support appears only on the orbiter spacecraft, while
the large and small probe supports are only included on the pr obe spacecraft.
For a detailed description cf the probe bus and orbiter spacecraft, refer to
subsection 3.4 and 4.4. The critical analysis parameter for each item is the
elastic stability requirements due to buckling load environments. Stress
levels produced in the structural elements are readily satisfied by the allow=
able strengti properties of both materials. The equations used in this
analysis to obtain allowable bucklir z loads are either generally accepted
industry standards or have been verified by Hughes structural tests. Accord=
ingly, & minimum margin of safety of 15 percent is maintained for thin shell
buckling to account for scatter in test data.

4.3 THOR/DELTA BASELINE DESCRIFTION

The structural design approach employed in the Thor/Delta probe bus
and orbiter spacecraft was derived from the Hughes built Canadian Domestic
gatellite (Telesat - sce Table 4=8). A primary ~onsideration in the overall
spacecraft structural design Was to attain a high degree of commonality
between the probe bus and orbiterx spacecraft and the use of structure common
to, or similar to, spacecraft developed to date. This approach results in &
significant cost reduction. Commonality of structure reduced the overall
engineering, design, tooling, manufacturing and ground support equipment
cousts by an cstimated #1, 040,000 for the overall program requirements in
the structural subsystem area.

The thrust tube, equipment shelf, shelf support struts, propulsion
support atructure, solar panel substrate and support fittings awe the samc
on both the prube bus and orbiter spacec raft. The primary g:ructural mem-
Lhor is a (:ylindxﬁica.l thrust tube onto which is mounted the 205.7 em (81 in.)
diameter egnipment shelf and six shelf support struts. A cyl.inclrical solar
paneld substraic is supported by attach fittings at the equipment shelf and
thrust tubes Two hydrazine propcllant tanks are supported by struts which
originate at the thrist tubes.

4-19
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TABLE 4-8.

SPACECRAFT STRUCTURAL HARDWARE DERIVATION

Item

Probe Bus

Orbiter

Equipment she if

Telesat type
205.7 cm (81 in.) dia., Al

Telesat type
205.7 cm (81 in.) dia., Al

Shelf support struts

New (6, Be)

New (6, Be)

Thrust tube

New
61,0 cm (24 in.) dia., Be

New
61.0 cm (24 in,) dia., Be

Solar panel cylinder

Telesat type
213.4 cm (84 in.) dia.

Telesat type
213.4 cm (84 in.) dia.

Large/small probe ‘

attach structure New (Be) New (Be)
BAPTA support - New (Be)
HGA - New (Al)

A large probe support structure, an inver
mechanically fastened to 2 ring fra
A joint at the
The support structure fo

bus spacecraft.
ture assembly.

ted conical frustum, is

me on the thrust tube shelf on the probe
shelf facilitates ease of probe support struc=
1 each of the three small probes is

attached to both the inverted conical frustum supporting the large probe and

the equipment shelfs
(MDA) is supported

fiustum structure.

on a BAPTA fitting whic
This support structure i

frame on the thrust tube.

On the orbiter spacecraft a mechanically despun antenna
h is in turn supported by a conical
s mechanically fastened to a ring

In order to minimize structural weight, thrust tube skins, large probe
and small probe support structure and BAPTA support structure, will be cou-

structed of formed 0. 07
The wall thickness of t
0,076 ¢m (0. 030 in. Yo
handling of beryllium
(0 030 in,) to assure
degroes of reliability.

dictates a minimum mat
the deveclopme

6 cm (0. 030 in. ) thick, cr
he extruded cguipment shel

oss rolled beryllium sheet.
f support struts will be

Hughes' experience in the machining, drilling and

erial thickness of 0,076 cm
nt of practical structures having a large

Rings and sepatation interfaces in the thrust tube and
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large probe support structures will be made of aluminum, A 3,81 cm

(1.5 in.) thick sandwich construction, consisting of 0,025 ¢m (0,010 in.)
thick aluminum face sheets with an aluminum honeycomb core, will be uscd
for the equipment shelf. A 1,27 cm (0, 5 ir. ) diameter extruded aluminum
tubing will be used for the propcllant tank supports. The cylindrical sub-
strate is constructed from a 1 9 ¢m (0. 75 in,) thick sandwich construction
consisting of an aluminum honeycomb core and bonded fiberglass facesheets.

Based upon the above discussed material designations for the
rezpective structural parts, an estimated mass of 36, 4 kg (80.4 1b) was
established for the probe bus spacecraft and 32. 3 kg (71.7 1b) was established
for the orbiter spacecraft. Table 4=9 documents a detailed mass breakdown
of the structural subsystem elements. The analysis in subsection 4.2 con-
firms that these estimates are conservative by approximately 0,6 kg (1.5 1b)
since the beryllium structure mass estimates presented herein were based
upon the relative densities of th= beryllium and aluminum with no considera-
tion given to the reduction in material thicknesses of tha beryllium. It is
noted that earlier requirements for the use of longercns on the large probe
structure have been removed as a resvit of better loads definition. The dele~

tion of the longerons from the design enhances the confirmation that the
estimate presented herein is conservative,
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TABLE 4-9. STRUCTURAL SUBSYSTEM MASS STATEMENT

THOR/DELTA CONFIGURATION

Estimated Weight

kg lbs

Multiprobe Spacecraft

Equipment shelf

Shelf support struts (Be)

Shelf support brackets (Be)

Shelf support doublers (Be)
Thrust tube (Be)

Large probe attach structure (Be)
Large probe structure longerons (6) (Be)
Omni boom mounting

Medium gain antenna bracketry
Bicone deployment support
Substrate

Small probe attach structure (Be)
Propellant tank supports
Thruster supports

Balance weights

Miscellaneous hardware
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Orbiter Spacecraft

Equipment shelf

Shelf support struts (Be)
Shelf support brackets (Be)
Shelf support doublers (Be)
Thrust tube (Be)

BAPTA support (Be)

HGA boom

Omni booms (2)

Substrate

Propellant tank supports (2)
Thruster supports (8)
Motor attach ring

Balance weights

RF altimeter support
Miscellancons hardware
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4.4 ATLAS/CENTAUR BASELINE DESCRIPTION

The structural design employed in the probe bus and orbiter spaccceraft
was derived (rom the Hughes built Canadian Domestic Satellite (Telesat ~ sec
Table 4-10, As was the casec in the Thor/Delta configuration, the primary
consideration in the overall spacecraft structural design for the Atlas/ 1
Centaur configuration was the attainment of a high degrce of commonality
between the probe bus and orbiter spacecraft, This approach has significant
cost impact and is in accordance with the objective of reducing program costs.
Commonality of structure will reduce the overall engineering, design, toolirg,
rnanufacturing, and ground support equipment costs by an cstimated $1, 040, 000
for the overall program requirements in the structural subsystem area,

The result of this effort is the development of a probe bus and orbiter
spacecraft that makes use of the same¢ basic structure. The thrust tube,
equipment shelf, shelf support struts, propulsion support structure, solar
pancl cylindrical substrate, and support fittings are the same on both the
probe bus and orbiter spacecraft. The Primary structural member is a
conical frustum onto which is mounted the 247.7 cm (97.5 in) diameter equip-
ment shelf and 12 shelf support struts. A cylindrical solar panel substrate
is supported by attach fittings at the equipment sheif. Two hydrazine pro-
pellant tanks are supported by struts that originate at the thrust tube.

A large probe support structure, an inveried conical frustum, is
mechanically fastened to the equipment shelf on the probe bus spacecraft,
A joint at the shelf facilitates ease of probe support structure assembly.
The support structure for each of the three small probes is attached to
both the inverted conical frustum supporting the large probe and the equip-
ment shelf. On the orbiter spacccraft a mechanically despun antenna (MDA)
is support on a BAPTA fitting, which is in turn ¢ ipported by a pedestal
structure. This pedestal structure is mechanically fastened to a ring frame
on the thrust tube and is identical to the Telesat pedestal support structure.

All of the primary structural elements will be made of aluminum. i
The thrust tube skins will be made from 0.170 ¢m (0.068 in.) 2024-T3 :
Aluminum, and the large probe support structure will be constructed from
0.102 ¢m(0.040 in.) thick 2024-T3 aluminum. 3.18 cm. (1.25 in.) diamocter
extruded aluminum tubing will be used for the 12 cquipment shelf support
struts. A 6.4 crn (2.5 in.) thick sandwich construction, consisting of
0.025 em (0.010 in,) thick aluminum faceshects with an aluminum honeycomb
core, will be used for the cquipment shelf. 1,91 ¢rn (0,75 in.) diamecter
extruded aluminum tubing will be used for the propellant tank supports.,
The cylindrical substrate will be constructed fromal.9 em (0,75 in.)
thick sandwich construction consisting of an aluminum honeycomb core and
bonded fiberglass facesheots. |
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Based upon the above discussed material designations for the respoc-
tive structural paris, an cotimated weight of 83,8 kg (183, 5 lbs) was ostaly-
lshed tor the probe bus spacecraft and 70.2 kg (154.7 1bs) was established
for the orhiter spacccraft, Table 4-1) documents a detajled weight breakdown

of the structural subsystem (excluding the thermal clements listed in section
5.4). i

A et

-

The design loads usad in the stress analysis included in Appendix B
were derived from the dynamic loads analysis performed for the Thor/
Delta configurations. The loads used for sizing the Primary structyral
clements were obtained by appiying the ratios of the weight and C.G.
height of components on the Atlas/Centaur configuration to the Thor/

Declta loads Presented in Appendix A, For example the bending moment
Al the separation plane is:

(C.G. HEIGHT) A/C

i (WGT.) A/C
Masc = Mpp [(‘W—GT“T‘. TTD_] I (C. . BEIGHT) T/ D] (1. 30)

In addition, a safety factor of 1, 30 has been applied to the design loads for
Atlas/Centaur to Provide increased confidence in the structural design and
consideration of deletion of a structural test model. Since this 1, 30 safety
factor is applied to all Atlas/Centaur loads, the requirement for a minimum
margin of safety of 0.15 on buckling stability (normally used to account for
scatter in test data) has been deleted.
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TABLE 111, STRUCTURE SUBSYSTEM MASS STATEMENT

(EXCLUDING THERMAL FLEMENTS)

Multiprobe spacecr aft

Equipment shelf

Shelf support struts (12)
Strut fittings

Thrust tube

Large probe attach structure
Omni boom mounting
Medium gain antenna bracketry
Bicone support structure
Cylindrical substrate

Sma 1l probe attach structure
Propellant tank supports (2)
Thruster supports (6)
Balance weights
Miscellaneous hardware

Orbiter spacecraft

Equipment shelf

Shelf suppoct struts (12)
Strut fittings

Thrust tube

BAPTA support

HGA mast

Omni and X-band mast
Cylindrical substrate
Propellant tank supports (2)
Thruster Supports (7)
Motor attach ring
Balance weights

Radar altimeter support
Miscellaneous hardware

Estimated Mass

21.1 46,5
2.0 4,3
1.5 3.4
14,5 31,9
13.8 30.5
0.2 0.4
I.4 3.0
1.4 3.0
13,8 30.5
4,6 10.1
1.8 3.9
2.7 6.0
2.7 6.0
1.8 4,0
TOTAL 83.8 1183,5
2 4

-
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5, THERMAL CONTROL

This section describes the design studies performed which have led to
the selection of the probe bus and orbiter thermal designs and presents base-
line designs and performance for both the Thor/Delta and Atlas/Centaur
launch vehicles. Also included in this section is a discussion of probe pre-
entry thermal design; i. e., for the mission from launch to entry.

The emphasis in these design studies has been directed toward the
Thor/ Delta configuration. However, wher e Atlas/Centaur configuration
differences significantly affect these results, this is indicated in the Atlas/
Centaur baseline description (subsection 5.4).

The thermal designs selected for probe bus and orbiter spacecraft
are identical in concept and utilize thermal louvers and superinsulation to
control shelf-mounted science and spacecraft equipment; insulation and
electrical heaters to control critical propulsion subsystem temperatures, and
passive finishes on less thermally sensitive elements such as antennas and

support structure.

Differences exist between the two spacecraft thermal designs only
where required by configuration differences. The principal difference is the
addition of the probes on the probe bus and the deletion of the despun high
gain antenna and the orbit insertion motor. However, the probe bus is therx-
mally independent of probes. Louver arrangement is common to both space-
craft with additional louvers utilized on the orbiter to accommodate higher
shelf power, There is a corresponding similarity between the Thor/Delta
designs and those for the Atlas/Centaur.

The principal thermal control elements are the thermal louvers which
are utilized to control shelf temperatures over 2 wide range of electrical
dissipations, necarly independent ui the even greater variations in solar heat-
ing during the mission,

Since the shelf mounted science and spacecraft cquipment is insulated
from the environment ezcept at the louvered surfaces, thermal cont rol of the
equipment is relatively insensitive to spacecraft orientation with respect to
the sun, assuming minimum solar panel or battery power is available., How-
ever, solar illumination of the louvers can scriously decrease their capa-
hility tn dissivate shelf power, Therefore, mission sun angle histories are
impoctant design considerations.
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The thermal designs of the probes for the mission phases up to entry
arc passive augmented with heater power supplied by the probe hus early in
L trangit mission., The important design points are the initial temperatures
at entry (critical to the descent therinal desipgns), temperatures at probe scpa-
ration from the hus, and minimum temperatures during the initial phasc of
the mission near carth, The critical phase iss the 20 day poriod between scna-
ration and ~ntey when the probes must be controlled independently of the bas
while experiencing vontinuously varying sun aagles and increasing solar anten-
sity. The interfaces between the probe bus and the probes are designed to
provide thermal isolation so that the probe Ins thermal bhehavior is minimally
affccted by probe separation,

The results of the design studies have led to the following important
cunclusions:

1) Snacecraft spin axis oricntation normal to ecliptic plane results
in the simplest thermal control design. The alternate axis ori-
entation along the spacecraft-earth lin: can be accommodated
with substantial increase in weight and complexity.

2)  Substitution of thermal barriers or finishes for certain insula-
tion blankets to reduce weight and cost generally result in signi-
ficant performance penalties.

3) It is not weight efiective to use doublers to provide conductance
for equipment shelf arrangements requiring the transport of any
significant amount of thermal energy laterally along the shelf.
This is best done by heat pipes. However, shelf arrangements
have been achieved whereby the placement of moderate to high
power units directly over louver modules virtually eliminates
the need to provide this conductance.

4) Experimental measurcments indicate that solar illumination of
louver modules will be siguificant enough to require constraints
on the time spent at certain spin axis attitudes off the ecliptic
plane normal.

5) Rocket exhaust plume hecting requires the insulation blankets in
the vicinity of the orbit insertion motor to be made of Kapton,

6) Minimum weight is required if the probe preentry thermal
designs arc passive during the post-separation perivd and the
resulting uncertainty in initial temperature at entry is acccunted
for in the descent phase thermal design.

5,1 REQUIREMENTS

The spacecraft thermal designs have been seclected to maintain equip-
ment mounting surface temperatures within tho lirnits given in Table 5-1
under all environmental and operational conditions of the multiprobe an:
orhiter missions, Mounting surface temperatures are specified rather than
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unit temperatures boecause the latter are dependent upon unit thermal desi, n
detail and power distribution which are not normally considered at the space-
craft level thermal design,  As noted, some of these limits apply to the units
themselves rather than mounting surfaces. The science instruments on the
cquipment shelf will have mounting surface temperatures controlled within the
range of 4 to 389C (40 to 100°F), Stcady-state unit power requirements at

28 volts arc shown in Table 5-2. The scicnce instrument power requirements
shown for the Atlas/Centaur spacecraft configurations are the nominal values
with 20 percent margin added.

Total spacecraft power demand histograms at 28 volts are shown in
Figures 5-1 and 5-2 for the Thor/Delta spacecraft configurations, The
deta‘ls of unit dissipation for cach of the many operational modes are given
in Volume 6, Power Subsystem Trades. Because the spacecraft power buses
are unrecgulated with regulation done at each unit using dissipative regulators,
actual unit dissipation is a function of bus voltage. The solar array power
output/voltage characteristics are dependent upon array temperature, solar
intensity, and efficiency degradation induced by solar flare activity. These
characteristics are shown in Figure 5-3 for the Thor/Delta orbiter and probe
bus spacecraft. Array output is shown for two mission points: 1) at the
beginning of the mission near earth, and 2) at Venus. These conditions
generally represent the cases of minimum and maximurn. spacecraft power,
respectively. Because array degradation resulting from solar activity can
occur at any time during the mission, the thermally worst case is assumed.
Maximum degradation is applied to the near earth condition to give minimum
power, and the undegraded array output is used at Venus for the maximum
power case,

The solar array designs are optimized to satisfy the spacecraft
requirements shown in Figures 5-1 and 5-2 for minimum weight., However,
maximum array output is typically only utilized for short periods during
the mission. When spacecraft demand falls below panel output, bus voltage
increases until a balance is achieved or until the bus voltage limiters are
activated. At this point, the bus is held at 33 V and any excess panel output
is dissipated in the limiter resistors.

The spacecraft thermal designs rely on isolaticn from the environ-
ment and. therefore, are relatively insensitive to solar orientation. However,
the internal power is dissipated from louvered radiators, which cannot be
efficiently designed for conditions of steady dircct solar illumination. Nor-
mally, the spaceccraft are oriented with spin axis normal to the ecliptic plane
and radiator placement has been selected consistant with this. However,
some deviation from this orientation is necessary at certain times in the
missions, A summary of sun angle conditions for the Thor/Delta missions
is given in Table 5-3. Sun angles arce measurved from the probe end of the
probe bus and the high gain antenna end of the orbiter, As indicated, no
steady state orientations are required with the sun illuminating the aft end of
the spacecraft (Y »90 deg) where the louvered radiators are located, The
critical condition exists for the orbiter spacccraft at the time of orbit inser-
tion motor firing when thrust vector orientation requires aft end illurvination,
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TABLE 5-2.

UNIT POWER REQUIREMENTS

Power, W at 28 V
Thor/Delta Atias/Centaur
Subsystem Probe Bus Orbiter Probe Bus Orbiter
a9
Science
Neutral mass spectrometer 12,0 12,0 14. 4 14,4
Ion mass spectrometer 1.0 1.0 3.0 3.0
Flectron temperature probe 2.0 2,0 3.6 3.6
Retarding potential analyzer - - - -
Magnetometer 3.0 3.0 - 4,8
Solar wind analyzer - 4,0 - 6.0
IR radiometer - 6.0 - 7.2
X-band occultation - - - 14.4
Radar zltimeter - 17.0 - 20.4
UV fluorescence - - - -
UV spectrometer 8.0 8.0 1.8 7.2
Communication
Power amplifier driver
5 W mode 25,2 25,2 37.8 37.8
10 W mode 50, 4 £0.4 72.8 72.8
Receiver 6.0 6.0 6.0 5.0
Exciter 4.0 4,0 4.0 4,0
Switches 0,6 0.6 0.7 0.7
Command and Data Handling
Remote multiplexer 0.4 0.4 0.4 0.4
PCM encoder 2,7 2.7 2.6 2.6
Format generator 5,7 5.7 5.7 5.7
Demodulator 3.0 3.0 3.0 3.0
Data storage - 0.2 - 3.0
Decoder/memory 1.8 1.8 3.6 3.6
Remotes 0,3 n.3 0.3 0.3
Attitude Control
Star sensor 1.0 1.0 1.0 1.0
ADP 3.5 3.5 4,0 4,0
DCE - 5.0 - 6.0
BAPTA motor o 1.0 - 2.0
JCE 0.5 0.5 0.5 0,5
Yropulsion
Thruster heaters 4,5 5,75 4,5 5.75
Orbit insertion
Motor heater - 5.0 —_ Q,0
Tank heaters — _— 10,0 10.0
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The resulting solar heating limits the time spent in this attitude. Detailed
discussion of the effcets of solar illumination on louvers is given in subsections
5,2, 5.3, and 5.4 of this volume.

Eclipse times are also shown in Table 5-3, These are important unly
if internal power is curtailed to minimize battery weight, as is the case during
the long cclipse occurring near apoapsis in Venus orbit.

B e e e e - e e as

Because the probes are inactive during transit to Venus, much broader : :
temperatures are applied during this period, as indicated in Table 5-1. The ! i
moat sensitive pressure vessel module unit is the battery. It sets the mini-~
mum pressure vessel temperature (-40°C), Because the pressure vessel
descent thermal design relies on heat capacity to limit maximum temperature
at impact, it is important that initial temperatures at entry be as low as
possible. Here, again, the battery sets the limit (- 1°C (30°F)).

Because the probes are thermally independent of the spacecraft bus,
particularly during the 20-day period between separation and entry, sun

angle variation during the mission is quite important to the thermal design
selection, Probe sun angle data is given in Table 5-3, ‘

5.2 TRADES

The following trade/design studies were performed to support the
selection of the baseline thermal designs.

Spin Axis Orientation

A system level trade study (Task EX12; see also subsection 3. 3,
Volume 4) has been performed comparing the advantages of the baseline spin
axis orientation normal to the ecliptic with those of an alternate design having
the spin axis aligned parallel to the earthline. In support of the study, the
effect of this alternate approach on the spacecraft thermal design was examined
and a configuration developed to accommodate the resulting differences. The
principal effect is the large variation of sun angle with respect to the spin
axis. The variation is shown in Figure 5-4 for type I trajectories during the
1976-77 launch opportunity,

The thermal design of the orbiter with the spin axis carth- pointing
is adversely affected because every side of the vehicle is exposed to direct
solar radiation during the course of the mission. The louvers, which do not
provide cfficient radiator surfaces when subjected to significant solar illumi-
uation as they do when the carth is hehind the sun, must he shielded, which
also reduces their efficiency. Furthermore, since solar panels must be
mounted on the cuds of the spacecraft to provide sufficient power when the
sunline approaches the spin axis, the mini \um attainable average shield
solar absorptance to emittance ratio (@/€) s linmited, As a result excessive
shicld temperatures in sunlight ncar Veowus require placing louvers on both
sides of the equipment shelf to enable viewing a suitable sink toemperature at
all times, These effects result in nearly throe times more required louver
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arca with a weight increase of 4.5 kg (10 1b),  Thesc changes to the bascline
design arce shown in Figure 5-5.

The louver arrangement not only complicates cquipment arrangement
but also increases required lateral conductance, leading fo the possible need
for heat pipes to minimize weight,  The end panel must be designed to keep
temperaturcs below the desired solar panel operating point. End array
temperatures may be limited by utilizing a mosaic of solar cells and second
surface mirrors, minimizing substrate weight required for lateral conduction.
Mosaics with cell to mirror area ratios of 1 and 0.5 can limit f -rward and
aft panels, respectively, to maximum average temperatures near 60°C (158°F).

Because direct sunlight is never incident on the antenna end of the
spacecraft for the probe mission, the probe bus allows retention of the base-
line louver arrangement with louvers mounted on the antenna side of the §
equipment shelf. However, the probe end solar panel exhibits the design '
complexities of the ends panc.s of the orbiter. The general conclusion of
this study was that many disadvantages exist for the alternate spin axis
orientation, only one of which was a much more complex thermal design.

Candidate Thermal Designs

This study examined elements of the baseline spacecraft thermal
design to determine if alternatc approaches were more advantageous from a
cost or weight standpoint,

The principal design concept, utilization of variable emittance
(louvered) radiators, is required because .f the combination of large changes
in solar intensity, relatively large power variation during the mission, and,
in the case of the orbiter, loug eclipses at minimum power. In addition, the
lonvered design provides substantially more predictability than does a com-
pletely passive design.

However, because this approach also included the isolation of the
controlled volume (equipment shelf) from the environment, large insulation
blanket weights were involved. Cost was also a consideraticn, Therefore,
examination was made into the possibility of replacement of some of these
blankets with lighter, less expensive finishes. Two arcas were reviewed: the
forward blanket used to enclose the equipment shelf and the blanket covering
the inner solar panel surface, decoupling it from the louvers mounted on
shelf, These arcas arc illustrated in Figure 5-6,

On the Thor/Delta spacecraft configurations, approximately 2.3 kg
(5. 1 tb) of insulation could be remmoved if the aft solar panel blanket were
replaced by a low emittance VDA (vapor deposited aluminum) finish.  An
examination of this alternative, using the bhulk spacecraft thermal nodal model,
has shown slightly higher shelf temperature results. A comparison of hulk
<helf temperatures are shown jo Table 5-4 for the baseline and this design
modification, Also considered were the cffects of replacing the forward insu-
lation blanket with a single layer barrier, which would save about 1,5 kg (3.2
ib). The blanket was assmmed to have an effective inside to outside emittance




TARLE 5-4. EFYECTS OF ALTERNATE
BLANKKET ARRANGEMENTS

Bulk Shelf Temperatures

B U ——— |

Design Conditions

Venus Encounter, ! Venus Encounter,
Near Sun Normal to ! Sun 30 deg Off
Blankot Farth Cruise Spin Axis ' Normal
lanket , [ ] o
Configuration °c °F °C .. °F C O
Baseline 19 66 28 83 - -
Aft solar panel 20 68 29 85 31 87
blanket replaced by .
vapor Jdeposited
aluminum finish
Vapor deposited 16 60 25 77 31 87
aluminum on aft
panel and forward
blanket replaced by
barrier [

of 0.02 and the barrier to be 0,0025 ¢m (0,001 in, ) Kapton with an external
solar absorptance of 0.4, an emittance of 0,7, and an interior surface
emittance of 0. 05. As shown in Table 5-4, this additional modification tends
to depress shelf temperatures significantly during conditions when the sun is
normal to the spin axis. However, this trend disappears when even moderate
sun angles are experienced as indicated by the case of the sun 30 deg off
normal (toward the probe end of the spacecraft).

The shelf temperature increase caused by the VDA solar panel finish
appears to he a minor effect. However, as will he discussed later in this
section, interrcflections in the cavity formed by the solar panel, equipment
shelf, anda thrust tube, produce significant solar loading on the louvers,
Since much of this results from reflection off the solar panel insulation, it is
eatimated that a VDA finish, being much more reflective, would tend to
aggravate this problem,

The cffects of using the forward harrier indicate a significantly greater
shell temperature range could be expected ov the prabe bus, comparing near
carth performance to near Vonus entry when lavge off-normal sun angles
exist,  This effect is even more importaat when considering the uncertainty
of the solar absorptance for so lavge a barrvier, Furthermore, the use of
this barrier on the orvbiter would increase losses during the critical 190 min
apoapsis cclipse,
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It was concluded that these two alternatives to insulation blankets
wore detrimental to the overall design performance and they were rot
incorporated into the haseline desipn.

Probe Preentry Desigo Trades

This study examined the thermal control design of the Pioncer Venus
entry probes during the transit mission to Venus. In particular, the feasi-
hility of a passive design was considered along with heater power require-
ments associated with active control, Design conditions were for a pre-midterm
Thor/Delta design. The performance uncertainties of the passive design were
oxamined along with twoe approaches for compensation:

1) Additional pressure vessel insulation
2) Active heating prior to entry

A comparison of weight requirements show the additional insulation to be the
lightest approach.

Passive thermal control of the entry probes during the portion of the
mission from launch to the beginning of entry into the Venus atmosphere is
influenced by the following:

1) Increase in solar intensity by a factor of 1.92 from Earth to
Venus

2) Sun angle variation during the period from separation to entry

3) Differences in the cxtent of solar illumination in the pre- and
post- separation conditions

4) Duration of post-separation phase

The large variation in solar intensity during the mission can be de-
signed for if relatively broad temperature limits can be tolerated. Fortunately,
during the transit period the probes are inactive and the gsurvival temperature
liniits shown in Table 5-1 apply. As indicated, the batterics are the limiting
units in the pressurc vessel; in the deceleration module, the heat shield/
aeroshell bond line ternperature is the important parameter. At the time of
entry, when the probes are powered up, a more restrictive minimur battery
temperaturce is shown,

Excoept for a brief systems checkout at separation and just prior to
entry, no power s dissipated within the probes during the preentry phasc.

As shown in Figure 5-7, the nominal spacceraft orientation during
cruise results in a sunline normal to the probe axis of symmetry., Trans-
iently, during midcourse corrections, the sunline can approach 0 or 180 deg
relative te the axis. The maximum maneuver period was assumed to be ¢.9h,
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To achiove the desired targeting of the probes, the spacecraft is reoriented |

» Just prior 1o separation, During the 20 day period betwoeen probe separation “l
and entry, 4 pradual change in sun angle oceurs, The resulting sun angles

' assumed for the large probe are shown in Figurce 5-7, The cffect of sun

; angle variation is to chango the Projected arca relative to the sun line, hence

' total incident solar heat load, Figure 5.8 illustrates the variation in the ratio
of projected area to surfacce area with sun angle for the conical hecat shield of
the large probe,

Also indicated in Figure 5-7 is the installation of the Probes on the
spacecraft. Significant differences in borh illuminated and radiating area
are experienced at large Probe separation, Most important is the exposure
of the aft side of the probe. For the separation and entry sun angles con-
sidered, the aft Cover receives direct solar illumination. In addition, some

minor shadowing of the large probe by the small probes during the presepara-
tion condition is indicated.

The finishes selected for the large probe are shown in Figure 5-9
along with theijr associated properties,

At separation, the increased radiating area pProvided by the aft cover
tends to somewhat offset the higher solar loading resulting from the higher
sun angle on the heat shield, However, it is necessary to minimize solar
loading on the aft cover, Thercfore, 2-mil silvered Teflon was selected as
the finish on cylindrical and conical portions of the aft cover. This is a rela-
tively straightforward means for achieving a stable low a/¢ surface with a
moderately high emittince, To maximize the aft end emittance, the heat
shield base and the end of the aft cover are Painted black. This is compati.
ble with the transparency requirement for the latter surface,

To achieve the desired Pressure vessel entry temperature a striping
of black paint and aluminized Teflon was selected for the heat shield iinish,
. Aluminized Teflon was selected for this application rather than silvered
Teflon to minimize cost since the lower a/e¢ is not required. As indicated,
a 0.04 increasc in solar absorptance is expected furing the cruise solar (UV)
exposure,

Since the pressure vessel descent (post entry) thermal design is heat
capacity dependent, it is desirable to begin the entry pbase with the minimum
allowable pressure vessol temperature. The constraining limit is the minij.
mum bettery Operating temperature which was initially assumed to be 4°C
(40°F),

To determine the heat shield striping pattern required to nominally
achieve the 40C¢ (40°F) pressure vessel entry temperatur % a simple steady
state thermal math model of the large probe was developed,  The three node
model depected the heat heat shield/acroshull, the pressure vessel, and the
aft cover with radiation and conduction counhing, Iterative solution of this
model indicated a Striping of 45 peeeent Teflon/55 percent black paint yields
the nominal 49¢ (400F) entry temperature, Adjusting this model for the pre-

Scparation configuration, solar intensity at carth, and small prohe shading
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(10 percent), the temperatures indicated at the beginning of the interplanctary
cruise were shown to be below the minimum battery survival limit (-40°C),

By blocking radiation off the acroshell base with an insulated shicld
supported by the spacccraft, these temperat res were computed to be about
~-349C (- 30°F). A solution of this model at Lhe scparation conditions indicates
temperatures near the maximum allowable., The mission variation of probe
temperatures is shown in Figure 5-10. A transient math model was developed
for the large probe utilizing single nodes for the heat shield/aeroshell and the
aft cover. The Min-K insulation, the pressure vessel shell, and the payload
were represented by separate nodes. This model was used to compute
response to the off nominal sunline orientation during trajectory corrections
(one near earth and one near separation, durations of ~0.9 h). These results
are also indicated in Figure 5-10 for the cases of sun directly along the
cone axis (hot case) and 180 deg opposite this (cold case). Temperatures
remain with limits for these conditions.

It is concluded, therefore, that the selected passive design nominally
satisfies the probe temperature requirements up to entry into the Venus
atmosphere.

A brief examination was made of the uncertainty associated with the
large probe passive design. Typically spacecraft thermal performance can
be predicted within 5° to 8°C (10° to 15°F) for this kind of design. If ade-
quate development testing is undertaken much of this uncertainty could be
eliminated. The remaining elements of uncertainty include sun angle dis-
persions, finish degradation, variations in contact conductances at inter-
faces, and deviations in test simulation from actual flight conditions and hard-
ware,

The first thrce elements were examined for some assumed dispersions.
For example, 20 percent variation in conductance yielded less than 0, 5°C
change in the pressure vessel temperature predicted by the probe math model.
Similar sensitivitics were ~2°C for a 0. 02 variation in solar absorptance of
aluminized Teflon and 1°C for a 1 deg variation in sun angle. The rss'ed
uncertainty is about 3°C, For the purposecs of evaluating the effect on probe
design, a 5°C (10°F) uncertainty in pressure vessel temperature was assumed.

Nominally, no active control (electrical heating) of the probes is
indicated by the avalysis discussed above. However, consideration of the
passive design uncertainty and how it can best be treated in the overall
thermal design leads to the possibility of utilizivg active heating to condition
the probe batteries just prior to entry. The alternative is to bias the nominal
design temperature at entry to provide margin for this unce rtainty, i.e.,
10°C (509F) instead of 4°C (40°F), This approach tends to incrcease the
nominal pressurce vessoel insulation thickness.,

Active heating, depending upen its implementation, can require sub-
stantial battery weight since the probes are separated 20 days prior to entry
and, therefore, cannot utilize spacecraft power, The least electrical energy
is required if a thermostatically controlled heater were activatoed just prior
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to entry, bringing battery temperature up to the
however, is somewhat contradictory since the
heater power and its use violates the limit being controlled. The penalty
associated with battery discharge at low temperature is loss in capacity,
Therefore, if battery operation below its desired mininium temperature is
allowed, it would scem more appropriate to account for this in battery
margin rather than adding capacity for heating. If the battery limit is strictly
observed, heater control activation would be required at scparation,

required minimum, This,
battery itself is the source of

The weight requirements associated with both heating approaches has
been evaluated using the probe math models to compute heater requirements,
both steady and transient, to maintain the Pressure vessel at 4°C (40°F) at

entry assuming the passive design performance were 5°C (10°F) below the
nominal.

Figure 5-11 illustrates the effect of uniformly
calculaied pressure vessel temperature during the se
by 5°C (10°F), This shows heater turn-cn at approximately 3.5 days prior
to entry. Assuming a linear temperature and heater power variation, the 20 W

heater shown to be required at the entry condition results in the battery capa-
city and weight requirements shown in Table 5-5,

decreasing the nominally
Paration to entry period

Figure 5-12 shows the energy requirements for the transient warm-
up technique as a function of heater power. The associated battery weight
also shown in Table 5-5 for a reasonable heater size includes a 30 percent
penalty because of low temperature discharge.

A comparison of these weights, which ne

pressure vessel shell increase, with the estimated insulation weight increase
associated with a 50°F (100C) entry temperature show the latter to be mini-
mum, Subsequent to this study, the minimum batter

3' temperature was
lowered to -1°C (300F), making the nominal 4°C (40 F) entry acceptable.

glect heater weight and any

TABLE 5-5. WEIGHTS REQUIRED FOR COMPENSATING
5°C (10° F DESIGN UNCERTAINTY)

Required Battery Capacity, Weight

Approach (W-hr) kg 1b

Passive - increased

insulation

(Min-K TE 1400) - 1.0 2.3
Active heating:

Activation at separation 860 18, 65 41, 0=

(20 W maximum)

Activation at entry 87 2,5% 5, 4:;:~J

“Neglocts weight for inerecaged pressure vessel volume
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The passive thermal cont col of the large probe during the preentry
phasc appears to be foasible and the desired approach.

The present baseline for the small probes is also a passive design.

Aft Cavity Solar Interreoflection Test Ilvaluation

Hughes Aircraft Company has been conducting IR&D studies to develop
spacccraft thermal control systems for many yecars. In a recent IR&D test®
solar interreflection measurements were made at Hughes, using a one-third
scale model of the aft cavity geometry representative of the Pioneer Venus
orbiter spacecraft. The purpose of these tests was to provide estimates of the
solar loading on the thermal control louvers mounted within this cavity. Al-
though the spacecraft will be nominally oriented with its spin axis normal to
the sunline, there will be periods (trajectory correction maneuvers, orbit
insertion motor firing) when the aft end of the spacecraft receives direct
solar illumination. The measurements were taken, using the sun as the
illumination source, at elevation angles of 0, 10, 20, 30, 60 and 80 deg out
of the spin plane. Figure 5.13 shows a sketch of the model and the solar
orientation geometry; Figure 5- 14 is a photograph of the medel. At a given
solar elevation, measurements were taken at azimuth positions from 0 to
180 deg in increments of 30 deg. These results were then integrated to obtain
spin-averaged loads. They are summarized in this report and some general
observations made concerning the importance of these results to the space-
craft design. Detailed analysis of the effects of these data on the spacecraft
thermal performance is discussed in subsections 5.3 and5. 4, The results ob-
tained indicate the need to constrain the solar elevation angle as the space-
craft approaches Venus to avoid louver blade overheating. Also, the duration
of significant cavity i{llumination, even near earth, should be limited to trans-
rent conditions to avoid overheating the spacecraft equipment platform,

Module Average Solar Loads

The photometer measurements were taken on each of the three simu-
lai ed louver modules grouped as shown in Figure 5-13. The data reduction
was performed in two different ways. Firs:, to evaluate the effect on louver
1cat rejection capability, the data was averaged over all modules at a given
solar elevation to obtain variation with azimuth angle. Typical results are
shown in Figure 5-15. As shown, maximum module solar illumination occurs
at an azimuth angle of 180 deg. In or near this position, incoming solar
energy incident on the outhoard cdge of the concave surface of the solar panel
cylinder tends to be focused down into the bottorn of the cavity.

At lower solar elevations, the minimum intensity appears to be near
90 deg arzimuth where ghadowir 5 from direct illumination still exists and
incident roflections are minimum, However, at higher elcvations, direct

TROW, Tohy, "Planctaxy Spacecraft Solar Interreflection Tests, " Hughes
TIC 4112, 12/481, dated 30 January 1973. (Sce Appendix)
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iNMumination occurs, Indirect illumination at the 0 deg azimuth tends to
merease with clevation angle,  The measurements al 0 dep solar clevation
were within the hackground noise and the repeatability of a typical measure-

met,

A similar data reduction was performed averaging the measurements
on the center louver module scparately from the two outer modules, This
tonds to show a small difference between modules,

The azimuth distribution of measured intensitics were integrated to
determine the spin-averaged intensity variation with clevation angle as shown
in Figurce 5-16. Results for the three module average intensity arce comparcd
with the average values for the right and left-hand (R/ L) outer modules, which
tended to be higher than thosc for the center module, Considering the uncer-
tainties of the technique, thesc values are very little different. The initial
test program was conducted for solar clevation angles up to 30 deg. Subse-
quent testing was done at 60 and 80 deg.

As a comparison, a plot of sine is also shown. This quantity corres-

ponds to the direct solar load if there were not interreflections or shading
in the cavity. This simple correlation matches the data rather closely.

Average Louver Blade Solar Loads

Of principal concern is the heating of the louver blades themselves
during periods of direct or reflected solar illumination., Because the blades
have a high ratio of solar absorptance to emittance (~0.20/0.05) and are
thermally isolated from the module frame and the mounting surface, very
high blade temperatures can result if significant solar loading is experienced.
Moreover, because of its low heat capacity each 5,1x40.7 ¢m (2 % 16 in,)
blade weighs only 22.7 gm (0. 06 1b), the blade time constant is on the order
of minutes, To assess the magnitude of local blade solar loads during cavity
illumination, a somewhat different data reduction method was used., Measure-
ments along a given blade location were integrated with respect to azimuth
angle to obtain intensity distributions along blade length. Left and right hand
louver module distributions were averaged together since symmetry should
make these loads nearly the same over 360 deg of azimuth., The maximum
local spin-averaged blade solar flux is shown in Figurc 5-17 as a function of
solar clevation angle. Again, the quantity sin ¢ , where ¢ is the solar cle-
vation angle, is shown for comparison. As would be expected, the raaximum
local solar loading is somcwhat higher than the louver module averages, A
reproesentative examnle of intensity variation along a blade is shown in |
Figure 5-18.

The overall results of this test program indicate that significant solar |
loading will be experienced by the louvers even at moderate sun angles. This
is particularly important at Venus where solar intensity is nearly doubled.

D tailed analysis of spacceraft and louver blade response to this heating is |
presented in subscetions 5.3 .nd 5,4 of this volurne.
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Rocket Esbaust Plume Imping ement Study
This study examined the effects of rocket exhaust plume heating
resulting from the orbit inscertion motor and Delta third stage (TE-364-4)

firings. Convective heating rates for the orbit insertion motor werce hased

on computed plume flow field while radiative heating was scaled from experi-

mental measurements made during a TE-364-1 (Surveyor retro motor)

qualification firing, Heating of the Kaptou supcerinsulation blankets and the

blades of the thermal control louvers was of primary concern because of

theis low thermal capacity, Response of spacecraft antenna located near ‘
the plumes was also examined. j

The results of this study influerce the spaccecraft design as follows: ;

1) Selection of Kapton as the insulation matcrial because of its
high temperature capability

2) Insulation blanket outer layer thickness increased from 1 to
5 mils over local areas to provide desired margin

3) Stainless steel foil barrier used instead of Kapton blankets
for closure between thrust tube and insertion motor nozzle
because of high local heating

4) Aft omni antenna structure minimum wall thickness constrained
by plume heating

The heating resulting from the orbit injection motor plume has been
shown to be morc severe than that specified for the Delta third stage firing.

Figure 5-19 illustrates the location of the orbit insertion motor in the
Thor/ Delta orbiter spacecraft configuration and those spacecraft surfaces
which are anticipated to experience significant plume convective and radiative
heating, Also indicated in the location of the Delta third stage motor (TE-364-
4) nozzle exit plane relative to these surfaces. The following discussion
presents the baszs for the predicted plume heating rates and tne associated
spaccecraft therinal response.

Orbit Insertion Motor

When this study was initiated, the orbiter spacecraft was being
designed for a type I interplanetary trajectory and the insertion motor
sclected was the Acrojet SVM-2 {meoedified), However, subsequent to the
generation of a plume flow field based on SVM-2 propertics, the spacecraft
design was modified for a type Il trajectory and the insertion motor changed
to the Thiokol TE-M-521 (modificed), To determine the applicability of the
SVM-2 plume to the TE-M-521, two parameters were compared: nozzle area
{expansion) ratio and chamber pressure.  Generally, higher expansion ratio
means: 1) bighev exit plane Mach number, bence decreased flow expansion,
and 2) Jower oxit plane density, These offects decrease local density and,
hencee, convective beating rates,  Higher chamber pressurce tends to have the
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opposite effect, i.e., higher exit plane density. The expansion ratios and

chamber pressures assumed for ihese two motors are given in Table 5-6., As
indicated, the medified SVYM-2 has lower values for both these parameters; )
therefore, a qualitative plume comparison could not be made. However,

a plume flow field computed for the UTC FW-5 apogee motor used on the

HS- 333 (Telesat) was available for comparison. As also shown in Table 5-6,
the FW-5 motor has approximately the same expansion ratio (60:1) as the
TE-M-521 (58:1) and a higher chamber pressure. A comparison was made of
the convective heating rates obtained for the orbiter spacecraft using the
SVM-2 plume with corresponding heating rates using the FW-5 plume. The
SVM- 2 heating rates were slightly higher; therefore, it was decided to use
the SVM- 2 plume to evaluate the TE- M-521 heating rates, Flow field pro-
perties are defined for radial and axial coordinates normalized to nozzle

exit plane radius. Of course, the TE-M-52] nozzle radius was used to evalu-

ate local plume properties.

Heating Rates

JUL R | RS

t

As discussed above, the SVM-2 (modified) plume was used .0 com pute
the convective heating rates on several surfaces of the orbiter spacecraft.
This plume was computed by an axisymmetric method of characteristics pro-
gram using the exit plane properties given in Table 5-6. Included in the
nozzle expansion are the effects of the low Mach number nozzle boundary
layer, which teuds to substantially increase the flow expansion back into the
region of interest, i.e., the spacecraft aft cavity. The principal feature of
this technique is the replacement of the subsonic portion of the boundary
layer with an equivalent layer which is assumed to become slightly super-
sonic (M~1, 05) immediately at the exit plane with no flow turning as sociated

with this sudden transition,

WHER IR (HGAI LRk o 1R

The plume flow field is defined by lines of constant density and flow
direction as shown in Figure 5-20. The aft geometry of the orbiter space-
craft is superimposed to illustrate the local variation of these quantities.
These curves are shown for radial and axial position relative to an origin
along the nozzle centerline at the exit plane, with coordinates normalized
to nozzle exit planc radius. The TE- M-521 nozzle radius was used to
construct the superimposcd spacecraft geometry.
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cometries combined with rarefaction effects makes
heating rates quite difficult. Bounding calculations
frec molecule flow medel with perfect

The complex flow g
accurate prediction of plume
can be made by assuming a simple
accommodation.

Howoever, there are many cases where this assumption results in
highly conscrvative heating rates which penalize the spacccraft design. IFor
cortain surfaces, reasonable boundary layer heating rates can be estimated
from conventional acrodynamic heating formulations.  However, most of the
=’ surfaces of concern in this study do not gencrally fall into this category.

such as the solar panel, are large relative to the i

These surtfacces,
such represent a geometry similar to thosce

ovient of the flow ficld, and as
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cexperimentally studied by Peisik, Koppang, and Simkin,* In these stadies
convective heating rates caused by plune impingemoent on large flat plates
were measurcd and correlation cquations developed,

Plume heating rates were caleulated along the solar panel, thrust tube
closure, and louver modules using these corvelations and the free molecule
flow formulation.

Radiation from the condensed aluminam oxide in the solid propellant
motor exhaust plume is estimated by scaling plurae radiosity from test
measurements of the TE-364-1 (Surveyor Retro) qualification firings. G
From this test an exit plance radiosity of 0.73 W/mz' (6.5 Btu/fté- scc) was
derived,

Based on these data the TE-M-521 plume exit ZPla.ne radiosity is
cstimated to be approximately 0,52 W/m2 (5.0 Btu/ft&-sec). Plume radicsity
is assumed to be inversely proportional to distance from the nozzle exit plane.

Spacecraf. Thermal Response

The respouse of the spacccraft surfaces exposed to plume heating
were computed from the combined convective and radiative heating rates.
Where differences between free molecule flow and continuum heating rates
were important, both were used and the results compared. Figure 5-21 shows
the distribution of temperature along the solar panel insulation for both free
molecular and continuum heating. Also shown is the effect of increasing outer
sheet thickness to 0,013 cm (5 mils) for the assumption of near continuum
flow heating rates. DBased on these results, the decision was made to use the
0.013 ¢m (5 mil) cover sheet on the outer 12.7 cm (5 in. ) of panel length to
provide additional temperaturc margin, This results in a weight increase of
approximately 0. 14 kg (0.3 1b).

Combined heating rates predicted on the closure between the thrust
tube on the orbit injection motor nozzle clearly oxceed the capability of
Kapton. Instcad, a stainless steel barvier was selected to provide the
necessary closure, This barrier, similar to one flown on the HS-333 space-
craft, consists of a 0,0076 cm (3 mnil) stainless steel foil, coated with a high
temperature black finish (Bo-Chem Black Oxide) on the outboard surface and
Hanovia gold deposition on the inboard surface to provide the desired thermal
isolation. Figurc 5-22 shows the responsce at the outboard radial edge of the
barrier where heating rates arce maximum. Temperatures are shown for the
assumptions of free molecule flow, obligue shock, and normal shock heating.
As indicated even free molecnle flow heating results in temperatures just
exceeding the HS-333 limit, It is {elt that sufficient margin exists to allow
for heating 1 te uncertainty, If necessary, barrier teamperature liinits can
be increascoed Lo 980”C (1800°F) by revising the gold deposition process.

“ELU. Piesik, R, R, Koppang, D.J, Simkin, "Rocket-Ixhaust Impingement
on a Flat Plate at Tligh Vacuum, " AIAA Paper No., 66-46, January 1966.

“¥R. 1. Boheo, et al, "Surveyor Fxhaust Plume Heating: October 1961 to
August 1964, " Hughes Aiveraft Company, SRS 649, 2% October 1964,
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Equipment shelf und by azine tank ingulation plume heating response
is shown in Figure 5-23, along with touver blade temperature. These
temperatures assunmee frec molecule flow heating rates,  As indicated, shelf
msulation and blace temperatures are acceptable, but the 0.0025 ¢m (1 mil)
insulation cater sheet reaches temperatures beyond the Kapton limit, A
0,013 cm (5 mil) cover sheet provides the necessary heat capacity for a
weight increment of less than 0, 05 kg (0.1 1),

The temperature responsce of the aft oinni antenna 1s shown .m Figure
Ao 24 for two wall thicknesses, Preliminary antenna design requirements
indicate a 0,076 cin (30 mil) wall is functionally adequate. However, a 0, 1 em
(40 mil) thickness has been recommended to provide additional margin with
negligible weight penalty.  The antenna support will be aluminum with adeqguate
heat capacity to withstand this heating,

Delta Third Stage (TE-364-4) Plume Qadiation

Ames Rescarch Conter® defines the radiative heating rates to be
assumed incident on aft facing spacecraft surfaces. To apply these heating
rates to the orbiter and probe bus spaccceraft, they were interpreted to be
heating rates to surfaces normal to the motor thrust axis, To adjust these
rates for different surface orientation, they were multiplied by the ratio of
local plume shape factor to shape factor for the aft facing surface. The
cffective plume radiating surface was defined by the mthods described above
using the motor characteristics given in Table 5-6,

Temperature responses of the aft cavity surfaces are given in Figure
5-25, These temperatures are generally lower than thosc predicted for the
orbit insertion motor firing. These temperatures apply to the probe bus
spacecraft as well as to the orbiter,

Maximum predicted temperatures of the orbiter aft omni antenna are
lower for this event than for the orbit insertion firing, The maximum tem-
perature response of the probe bus end fire {(medium gain horn) antenna, given
in Figure 5-26 for the minimum wall thickness being considered 0,051 ¢cm
(20 mils) of aluminum), is acceptable.

"Requirements for Pioneer Venus Mission Systems Desiga Study, " Ames

Research Conter Specification 2-17502, Revision 1, 15 September 1972,
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5.3 THOR/DELTA BASELINE DESCRIPTION

3pacecraft Design

Equipment Shelf

The thermal designs of the Ther/Delta probe bus and orbiter
spacecraft are illustrated in Figure 5-27, As discussed in subsection 5. 2,
the design approach selected for both spacecraft is to isolate the equipment
shelf from the environment and control temperatures by dissipating unit power
from variable emittance radiators. Radiator emittance is controlled by
thermally actuated louvers mounted on the outboard side of the equipment
shelf. Those units which dissipate 5 "V _r more are mounted on the shelf

directly opposite louver modules to minimize the need to provide lateral con-
ductance along the honeycomb shelf,

The shelf is 3.8 cm (1.5 in. ) thick, 0.48 cm (3/16 in, ) cell aluminum
honeycomb, 0.0018 c¢cm (0. 000~ in.) ribbon with 0, 025 c¢m (0, 019 in.; alumi-
num face sheets,

For the maximum shelf power design conditions, eight louver modules
are required to maintain shelf temperature limits on the orbiter spacecraft,
The lower powered probe bus requires six modules,

The louvers used in this design are shown in Figure 5-28, Rotation of
the louver blades is periormed by conversion of heat ene rgy into mechanical
motion by use of a bimetallic actuator. The bimetallic actuator is wound so
that the strip of material with the greatest coefficient of expansion forins the
outer surface of the spring, This construction causes the actuator to contract
or close wnen heated sufficiently and expand or open when sufficiently cooled.
The actuators are keyed to their re spective louver blade so that the louver
rotates with the actuator movement. Each louver blade set (two blades) is
individually actuated with a bimetal element. The fully closed to fully open
position occurs over a fixed temperature range of 14°C (259F), However,
the opening set point can be adjusted. For the Pioneer Venus applicaticn, the
initial opening temperature is 139C (559F), the fully open set point is 270C
(80°F), Unit test and flight experience have shown that the effective emittance
of these louvers fully open is 0. 69 and about 0. 1 when closed.

The radiator surface directly beneath the louvers is covered with an
0,013 cm (0, 005 in. ) layer of silvered teflon. This surface acts as a second
surface mirror reflecting a large percentage of any solar energy reaching the
louvers, while efficiently radiating the shelf equipment dissipation. The
measured <olar reflectance and total hemispherical emittance for this material
is 0.08 and 0,80, respectively. However, because of interreflections off the
polished louver blades and housing surfaces, a significantly higher net effec -
tive solar absorptance can be expected. These effects have Leen tiueoretically

5.40
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predicted and experimentally measured by Michalelk®, et al, Radiator solar
absorptance was found to vary substantially with blade opening angle and solar
elevation angle, measured in a plane normal to the blade axis of rotation,
Typical results of this study arc reproduced in Figure 5-29, which compares
measured and theoretical louver absorptance. Based on these data, an effec-
tive solar absorptance of 0,22 has been assumed,

The inboard surface of the shelf and mounted cquipment are painted
black (emittance ~ 0, 85),

Beryllium doublers are utilized to distribute the dissipation from a
few high power density units on the shelf to prevent local hot spots.

Insulaticlx}_

The exposed outboard surface of the equipment shelf is covered by a
superinsulation blanket except over those arcas directly adjacent to the two
hydrazine propellant tanks, Here insulation blankets form an enclosure
around each tank blending into the shelf blanket and a blanket covering the
cenfral thrust tube. This arrangement provides a dicrect view from the tanks
to the shelf. These insulation blankets consist of 15 layers of crinkied
0.00064 cm (0, 00025 in. ) aluminized Kapton covered by an outer layer of
0.0025 ¢m (0. 001 in, ) aluminized Kapton (Kapton side out), Kapton was
selected as the insulation material to withstand the rocket exhause plume heat-
ing vescribed in subsection 5. 2.

To decouple the louvered radiators from the hot solar panel, a Kapton
blanket is also placed on the inner panel surface., Because of high exhaust
plume heating rates, the blanket outer layer is increased to 0.013 cm
(0.005 in.) on the outboard 12.8 cm (5 in.) of the pancl. A similar local
incresse is made on the end surfaces of the tank insulation.

Kapton blankets are also placed in the inside surface of the forward
solar panel substrate to further isclate the equipment shelf. Finally, a
blanket is supported across the forward end of each spacecraft to complete
the shelf enclosure. For the probe bus, additional blankets are required on
the probe support structure and between the large probe and the spacecraft,
This is required to maintain spacecraft temperatures {ollowing probe separa-
tion. On the orbiter spacccraft, the high gain antenna mast is also super-
insulated to maintain the required BAPTA temperatures,

A superinsulation blankets have an effective inside to outside
emittance of 0, 02,

B O 8 Michalek, K. A, Stipandic, and M, T, Coyle, "Analytical and
Experimental Studies of an All Specular Thermal Control Louver System
in a Solar Vacuum Environment, " Paper No, 72268, ATAA Tth Thermo-
physics Conferance, San Antonio, Texas, April 1972,
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The aft end of the probe bus thrust tube is closed by a blankel,  On the
orbiter spacecraft, this closurc is a stainless steel barrier, 0,.0076 ¢m
(0. 003 in.) thick, required to withstand the orbit inserction motor exhiast
plurme heating., The outcr surface of the barricr is finished with a high tem-
perature black oxide coating having a total emittance of 0, 63, The inside
surface of the barrier has a Hanovia gold finish, emittance of 0. 05,

Propulsion

As indicated in Figure 5-30, axial thrusters are mounted on support
structures attached to the equipiment shelf. The forward axial thiusters are
enclosed by the forward insulation blanket which provides necessary isolation
of thruster valve and propellant line from the environment. The aft thrusters
are mounted to the opposite side of the shelf in a similar manner,

However, since this end of the spacecraft is open, an insulation
blanket must be added to enclosc the support structure providing a coupling
to the sielf,

Figure 5-31 illustrates alternaste insiallations of the radial thrusters.
The t1st is used for the probe bus thrusters fired prior to probe separation.
After the probes are released, the axial shiit in c. g. requires use of a second
set of thrusters mounted in the manner shown in Figure 5-31b. In this second
installation, shown mounted on the aft shelf surface, the shelf blanket encloses
the thruster and bracket. In all thruster installations, a multilayer stainless
steel radiation heat shield is placed around the catalyst bed and nozzle to
protect surrounding surfaces from high temperatures during thruster firing.

To maintain thruster valves above propellant freczing point and
catalyst beds at minimum firing temperatures, electrical heating is required.
To maintain temperatures near carth and during eclipses, 0,25 W heaters are
provided for each radial thruster value and each catalyst bed. When not illu-~
minated by the sun, the axial thrusters require 0.5 W hcaters on the valves,
0.75 W on the catalyst beds.

All heaters are coinmandable., The axial thruster heaters arz
separately switched, forward and aft, because when one end of the spacecraft
is illuminated by the sun near Venus, heaters must be off to prevent overheat-
ing while the heaters must be on for the opposite thrusters. The radial
heaters can remain on continuously, but arc capable of being commanded off
through a single (redundant) switch,

The enclosed propellant lines and insulated tanks require no heating.
The tank manifold lines must be mounted to the shelf under the insulation
blanket to efficiently control their tempoeraturce. If located outside this blanket,
they would require several watts of beater power since they arve difficult to
insulate separately and would overheat during pesriods of solar ilumination if
covered with a simple Jow emittance alumiomm foil.
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TABLE 5-8, THOR/DELTA SPACECRAFT THERMAL COINTROL
MASS AND POWER SUMMARY

{
Probe Bus Orbiter {
- Mass Power, Meass -1 Power,
ey ik w ky b
Louvers 1.7 3.9 - 2.3 5.4 -
f
Blankets 6.5 14.2 - 6.5 14, 2 -
Shelf doublers 1.5 3.3 - 1.9 4,2 -
Coa:ings 0.5 1.0 - 0.5 1.0 - 1
Temperature sensors 0.1 0.2 - 0.1 0.3 -
Thruster heaters w " 4.5 i * 5.8
Orbit insertion "
‘ . - - 5.0
motor heater
Totals 10, 3 22. 6 4,5 11.3 24.9 i0.8

* Weight in propulsion subsystem

TABLE 5-9, THERMAL CONTROL
HARDWARE DERIVATION

Element Hardware Derivation |
Louvers Procured from Northrop Corp. for
classified spacecraft program
Silvered teflun radiato: Classified program
Thruster heaters Intelsat IV
Orbit insertion motor Intelsat 1V
heater

Kapton insulation blankets ;| Intelsat 1V

Stainless stecl thrast i HS-333
tube harrier
Coatings Intelsat IT, 1V, TACSAT, ATS, QSO
', | ]
i
h-6n
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Mass and Power Summary and Harlware Derivation

The spacecraft thermal control mass summary is shown in Table 5-8,
along with hcater power recquirements, Heater mass is reported by the
propulsion subsystem. The derivation of the subsystem hardware is shown in
Table 5-9, As indicated, thermal control utilizes hardware clements proven
on ilight spacecraft,

Spacccraft Design Performance

Bulk Temperatures

To determine the basic design approach and provide boundary
conditions to more detailed thermal models, bulk spacecraft thermal nodal
models were devised for the probe bus and orbiter spacecraft, These net-
works, shown in Figure 5-32, include the cquipment shelf, the louvered
radiators, hydrazine tanks, t.e aft cavity surfaces, solar panel, thrust tube,
orbit insertion motor, and forward blanket. ,

The principal steady state design conditions for the probe bus include
near earth cruise, rnear Venus cruise, and post probe separation. Table 5-10
summarizes the bulk temperatures for these conditions along with assumed
shelf power based on the requirements and solar array characteristics given
in subsection 5. 1. Similar results are shown in Table 5=11 for the orbiter,
In this case, the nearly steady condition of near apoapsis operaticn in Venus
orbit is shown for the maximum temperature condition along with the effect

of a 3 deg off normal sun angle.

These temperatures generally indicate the required limits are met
with satisfactory margin. However, several transient conditions must be
examined. Using the orbiter bulk model, the following mission events were
analyzed:

1} Trajectory correction maneuver ncar earth, sun angle = 170 deg
2) Orbit insertion, sun angle = 103.5 £ 5 deg
3) Periapsis heating

4) Near apoapsis eclipse

The near earth TCM case applies to either spacecraft and was based
~n the worst case orientation. The solar interreflection data discussed in
subsection 5. 2 were used to determine the solar loads on thz louvers. Shelf
and louver blade overheating are of concern during this event, The results,
shown in Figure 5-33, indicate neither occurs during the maximum allotted
maneuver time of one hours The louver blade temperature equilibrates
rather rapidly while shelf temperature is still increasing, This suggests
that extending the maieuver could cause shelf overheating. It also indicates
that this extreme sun angle wonld certainly cause louver blade overheating if :
required near Venus.
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TABLE

BULK TEMPERATURES

5-10. THOR/DELTA PROBE BUS STEADY STATE

Temperature °c (OF)
Temperature Limits Design Conditions
Near Earth Near Post Probe
l.ocation °c °F Cruise Encounier { Separation
Louver radiators - - 14 (57) 17 ( 63) 21 (69)
Equipment shelf 4 to 49 40 to 120 16 (61) 21 ( 69) 25 (77)
Hydrazine tanks 4 to 38 40 to 100 7 (44) 11 ( 51) 12 (54)
Sclar panel -100 to 72| =148 to 162 24 (75) 67 (152) 36 (97)

TABIJE 5'11.

* 45 deg sun angle

THOR/DELTA ORBITER STEADY STATE BULK TEMPERATURES

Ternperature °c (°F)
Temperature Limits Design Conditions
) o o Near Earth | Near Orbit Orbit In Orbit
Location C F Cruize Insertion Operation | 3 Deg Off Normal
Louver radiators - - 15 (59) 18 ( 65) 18 ( 65) 21 ( 70)
Equipment shelf 4 to 49 40 to 120 18 (64) 22 { 72) 22 ( 72) 25 ((17)
Orbit motor case -7 to 32 20 to 90 4 (40) 25 ((77) - -
Hydrazine tanks 4 to 38 40 to 100 9 (48) 15 ( 59) 12 ( 53) 16 ( 61)
Solar panel «160 to 135 | =256 to 475 20 (68) 72 (162) 72 (162) 72 (162)
4+ With 5 W heater
5-63
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A similar condition exists for the orbiler during the orbit insertion

;; scquences. For the Type JI transit trajectory, the sun angle for the firing is

g 103.5 1+ 5 deg. Again, using the data obtained in the interreflection tests, the
response of the shelf was analyzed to determine the allowable time at this
attitude. The results are shown in Figure 5-34, The nominal shelf tempera-
ture of 49°C (1209F) is reached within about 4 h for the maximum sun angle,
Allowirg 5°C (10°F) design margin, these data show that this attitude can be
maintained for about 2,5 h for the maximum sun angle, about 6 h for the
nomiilal angle, and indefinitely at the minimum angle. The louver blades

: would reach equilibrium temperatures for this case somewhat lower than those
; shown for the near earth TCM.

E The response of the orbiter shelf temperature during the maximum

| periapsis planetary heating condition was analyzed. The spacecraft/orbital/
[ sun geometry assumed is shown in Figure 5-35. The minimum periapsis

| latitude of 21°N was assumed to maximize the albedo load. The planetary

‘ loads on the louvers, computed assuming a 150 km periapsis altitude, were
bounded by assuming that no blockage occurs and that all the energ' incident
on the disk representing the solar panel diameter is absorbed by the space-
craft aft cavity, The variation of these loads with time from periapsis is
shown in Figure 5-36. The shelf response to this transient is small as shown
in Figure 5-37,

The eclipse response for both spacecraft is bounded by the orbiter

F transient during the 190 min near-apoapsis eclipse. During this period,

V internal power is minimum (40 W), whereas during the shorter (~ 23 min)
periapsis eclipses the spacecraft is at full power. The probe hus experiences
a single eclipse of about 30 min at launch.

: Bulk orbiter eclipse response is shown in Figure 5-38 “or the shelf
and the hydrazine tanks with propellant mass is a parameter. As showa,
minimum shelf temperature is quite acceptable. For an 0.68 kg (1. 5 1b)
minimum propellant mass remaining at this point (180 days in orbit), the
hydrazine temperature limits are satisfied,

Solar Array Temperatures

E The mission profile of solar array temperatures for the probe bus

E (Type I trajectory) and the orbiter (Type II) are shown in Figure 5~39, These
temperatures are nominal values assuming spin axis normal o the ecliptic
plane and zero array electrical efficiency. The incremental semperature
effect of assumed eificiency on array temperature is shown in Figure 5-40,

; along with temperature prediction uncertainty,

t

!

]

An important condition is experienced by the orbiter solar arrav during
periapsis pass where transient planetary heating occurs, Array response for
] the worst case sun orientation (which occurs -~ 180 days) is shown in
Figure 5=-41, along with the response for the periapsis heating at the time of
% orbit insertion. A significant response is indicated for the worst case and a
significantly reduced peak temperature fur the more nominal case. As shown,
the maximum aerodynamic heating at 150 km periapsis has a small effect.,
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= BAPTA Temperatures
-
= Phe orbiter high vain antenna is despun by the bearing and power
- fransfor assembly (BAPTA),  Temperature contvol of this ass mbly is nnpor-
tinl, sinee hearing toraue and loads are dependent apon temperatare level
and differentiats,  Detarled temperature distributions were penerated from
E— the BARTA the rmal network depicted in Figure hetl,  As indicated, the
E antenna mast is assumed to be superimsulated to mintmize cnerey condue e
4 1o or from the despun side of the bearing, Radiation add conductron boundary
- ) v ,
- temperatures were tacen from the spacecraft bulk tenpe ~ature solutions disi=
o cussed above. Bearing dissipation was assuned to be 1.0 W onaxinu,
E distributed in the manner shown in Figure H-4ée
= Two design conditions were examined to determine the range of
3 temperatures occurring within the BAPTA during the mission. Maximum
; temperatures will exist during Venus orbit operation when environmental
4 loads and boundary temperatures ore maximun, Minimum temperature con - !
. ditiors occur during the near apoapsis 190 min celipse, with the bearng mota: |
: off. The predicted steady state nodal tempesatuves are given in Table 5-12 '
- for the apoapsis power condition, As indicated, the bearing temperatures are |
well belew the upper limit of 389C (100°F). Moximum bearing temperature |
difference {at the forward bearing) is approximately 20C (3. 6F), an i+ e)t- i
—~ able value. The forward and aft bearing response to the near apeansis eclipse :
= is shown in Figure 5-43. Again, adequate margin above the .esign lmit of I

49C (409F) is indicated, An examination of the design without the mast insa-
lation showed matginal performance during the stecady cruise conditions and
minimum forward bearing temperature 50C (99F) below the design himit
during apcapsis eclipse.

TABLE 5-12. ORBITER PAPTA STEADY STATE TEMPERATUR".S

% Temperature °C (VF)
5 Design Conditions
Near Earth, Necar Earth, In Orbit
- Location - Operating* Nonoperating Operating™

Rearing - Top
§ Spinning side 12,8 (55.1) 11.8 (53,2) 18,4 (65.1)
=
#; Despun side 13,0 (55.4) 10. 5 (h0, 8) 20.4 (68,7)

'

RBearing -~ Bottom
4 Spinnming side 4. 1 (h7.4) 10,8 (51.4) 21,1 (70.9)
= Despun side 13.7 (R646) 10,6 (51, 0) 20.9 (69, 6)
1 Motor 13,0 (55 0) 12.0 (53.0) 18,0 (65.0)
iy
:! Despun Hub 13,0 (55.0) 21.0 (69.0)
K I BRSSP —

1 W motor power
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Thru . ters and Propellant Lincs

Conditions leading to maximum and miinimum (nonfiring) thruster
assembly tcmperatures are dependent upon the thruster location and space-
craft mission. Thrusier valve and catalyst bed heat *¢s are sized for the
worst case environmental conditions experienced in either mission by each
Lype of thruster (radial or axial), making the designs common to both
spacecruft,

The radial thrusters experience steadily increasing solar heating as
the spacecraft approaches Venus with its spin axis normal to the sun line,
Some Quasi-steady variations are pPresant during the multiprobe mission when
the spacecraft SPin axis is reoriented for probe release and final atmospheric
entry, However, maximum and minimum steady temperatures are deter-
mined by solar heating at Venus and earth respectively with the spin axis
normal to the sun line. Steady-state radia] valve and catalyst bed tempera-
tures ave given in Figure 5-44 for these environmental conditions as a
function of valve heater size. As shown, no catalyst bed heating is considered.
These results indicate that an 0,25 W vavlve heater is required to maintain
valve temperature above its lower limit with sufficient margin during the near
earth environment, Maximum temperatures at Venus are acceptable with the
valve heater on. Heater sizing is based on a minimum bus voitage of 26 V,
The effect of maximum bus voltage (33 V) can be derived from the data given

Q33 = 1,61 Q26). Adequate maximum temperature margin is shown with this
effect considered,

Transient design conditions for the radial thrusters are dominated by
the long, infrequently encountered 190 min apoapsis eclipse, which occurs
near the end of the Venus orbit mission, Thruster valve and catalvst bed
response to this condition is shown in Figure 5-45a, for the 0, 25 W valve
heater only. As indicated, valve temperature can be satisfactorily maintained
but catalyst bed temperature is marginal, Figure 5-45b shows that an 0,25 W
heater on the catalyst bed provides substantia] margin,

The axial thruster assembly mounted on the aft end of the spacecraft
was selected for analysis since its location results in the poorest thermal
coupling to the thermally controlled porticn of the spacecraft,

Several design conditions exist which can size the axial thruster
heaters, The 3 deg tolerance on the nominal spacecraft Spin axis orientation
normal to the sun line can, in the worst case, result in substantial shading
the aft thruster, During probe separation (multiprobe mission) and final
entry, even more extensive shading can occur, These conditions can exist
for leng periods relative to the thruster assembly time constant, There is
also the long orbiter apoapsis eclipse transient, It was censervatively
assumed that the thruster heaters should be sized for steady shadowing,
Figure 5-46 presents thruster and catalyst hed temperatures hased on this
assumption and minimum (near earth) shelf temperature, Valve temperaturcs
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arc shown to be relatively insensitive to catalyst bed heater so that an 0.5 W
valve heater was assumed and the catalyst bed heater varied to find the :
required combination, As shown, an 0.75 W catalyst bed heater is necessary X
to maintain satisfactory margin, It was assumed in this study that heater

size increment is 0,25 W,

The maximum temperature condition for the axial thruste=s occurs !
during the first TCM if the extreme 170 deg sun angle is assumed to exist for "
1 h. Figure 5-47 shows the aft thruster response to this transient. As indi-
cated, temperature limits are maintained if heaters are turned off. A similar
condition could exist for the forward axial thrusters if the sun angle were
~ 10 deg. Furthermore, since spacecraft spin axis orientation of the sun line
normal tends to produce maximum heating on one set of axial thrusters mini-
mum heating of the axials on the opposite side of the spacecraft, these heaters
must be separately switchable. Similarly, the radial thruster heaters must
be switched independently from the axials.

Orbit Insertion Motor

Table 5=-11 presents the orbit insertion motor temperatures and heater
power requirement for this design. The design requires that sometime during
tue transit trajectory from earth to Venus, the throat heater is switched off
when it is no longer necessary.

Probe Temperatures

Temperature profiles for the large probe during the mission prior to
entry are given in subsection 5. 2. As indicaied, maintaining minimum probe
battery temperature above ~40°C near earth while providing initial tempera-
ture at ¢ntry in the range 4°C i+ 59C are the primary objectives, which the
passive design has been shown to provide.
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5.4 ATLAS/CENTAUR BASELINE DESCRIPTION

The thermal design concepts utilized for the Atlas/Centaur
configurations are nearly identical to those shown for Thor/Delta. Equipment
temperature limmits and power requirements are given in subsection 5, ! for
the Atlas/Centaur designs, The sun angle conditions and eclipse durations
are somewhat ditferent for the 1978 Atlas/Centaur Type I multiprobe and
Type 1l orbiter missions. As indicated in the summary given in Table 5-13,
notable differences occur in the probe sun angles after separation and the
orbiter sun angle at orbit insertion, Also shown is the decreased duration
of the apouapsis eclipse from 190 to 108 min,

Spacecraft Design

The thermal designs of the Atlas/Centaur prof)e bus and orbiter space-
craft are shown in Figures 5-48 and 5-49, As indicated, these designs are
very similar to the Thor/Delta configurations,

Equipment Shelf

The same approach is used to control shelf temperatures, i.e.,
isolation from the environment and the use of thermal louvers. Somewhat
higher spacecraft power and increased louver blockage by the conical thrust
tube has led to increaring the number of louver modules to 10 on the probe
bus and to 12 on the orbiter, Furthermore, the use of additional radiator
area on the orbiter to generally depress the orhiter temperature level was
considered necessary to extend the transient capability of the design during
the orbit insertion phase. The shelf honeycumb thickness for the Atlas/
Centaur designs has been increased to 6.4 cm (2. 5 in, ) to reduce the vibra-
tion loads predicted for the increased diameter shelf. The adverse effects
of the increased temperature difference across this thickness hetween the
equipment mounting surface and the radiators has also required increased
radiator area.

The orbitcr equipinent shelf layout is illustrated in Figure 5-50, show-
ing unit, louvzr, and doubler placement and doubler thicknesses. The
doublers are beryllium sheets placed under those units which have power
densities requiring radiating surface areas substantially more than the unit
mounting areas, even though they are placed directly over louver modules,
The rf power amplifiers are the principal items in this category. Other
units that cannot easily be placed over louver modules, but have moderately
high power density requiring more lateral conductior than is provided by the
shelf, are also placed on doublers. The magnetometer electronics and the
solar wind analyzer experiment are such units. The other experiments,
heing used only transiently, are controlled by heat capacity.

The prohe hus shelf arrangement is similar as shown in Figure 5,1
with orbit unique units being replaced by the fewer probe hus unique units,
The reduced bus power allows the removal of 2 of the 12 orhiter louver
modules, The doublexs remain the same,
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Lnsulation |
Multilayer Kapton superinsulation blankets are utilized on the

Atlas/ Centaur spacecraft in much the same manner as shown for the Thor/

Delta design, A notable exception is in the area of the orbit insertion motor

on the orbiter configuration. Here, the motor nozzle and a small portion of

“he case extend outside the thrust tune/launch vehicle separatior plane. This

increased distance of the motor nozzle exit plane from any thermal barrier

closing the area hetween thrust tube and motor results in greatly reduced

exhaust plume heating. Based on the data given in subsection 6, 2, the high

temperature stainless stecl barrier shown for the Thor/ Delta design was

replaced by a Kapton multilayer Llanket, Furthermore, the larger diameter

thrust tube results in a larger shape factor hetween the thrust tube and the

cavity between the shelf and the forward blanket, Therefore, to provide hetter \

radiant coupling between these two elements, the inner thrust tube surface has ’

a high emittance finish rather than insulation. Motor isolation is provided by

covering the case with aluminam foil,

Because exhaust plume heating rates are also lower on the solar panel
and propellant tank insulation, the local thickening of insulation outer sheets
is not required for the Atlas/Centaur designs.

Progulsion

Here again, most of the Thor/Delta design concepts are retained. The
hydrazine thruster assembly design has been somewhat maodified from that
considered in the Thor/Delta studies. Thermal isolation between propellant
valves and catalyst beds has been reduced to the point where separate catalyst
bed heaters are no longer required, Instead, valve heaters have increased to
provide the same total heater power, i.e., 1/2 W for each radial thruster
valve and 1-1/4 W for each axial valve.

Because orbiter temperature levels have been depressed to increase
capability during the orbit insertion phase, propellant temperaturc during the
near earth phase of the mission approaches the lower temperature iimit of
40C (40°F). Therefore, to gain the necessary design rmarxgin, tank heaters
have been incorporated into the Atlas/Centaur design, requiring 5 W of power
per tank.

Control of orbit insertion motor temperatures requires somewhat
higher heater power {9 W) because of revised motor temperature limits.
The lower limit of -70C (20°E‘),previously used for Thor/Delta studies, has
been increased to 49C (40°F). Thermal treatment of the motor is somewhat
changed because of installation differences. The nozzle throat heater and
igniters are now covered with a Kapten blanket Lecause these items extend
~utside the thrust tube insulation barriex. Also, the nozzle finish is a striping
of inorganic (Hughes HP 135) white paint on the hare nozzle to limit peak
propellant temperatures just prior to firing. This paint is highly stable in
the solar environment and can withstand the 500?-6000C (1, 000°F) nozzle
temperatures, Salar absorptance of this paint is expected to increase from
0. 18 initially to approximately 0. 2% at firing because of solar exposure.
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i The passive thermal control appraach utilized tor the Thar/Ddalta

- ot the transit from INarth to Venus,

o

I

A 27 . B IR
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!7‘ robe Preentry »l )t‘sign

probe preentry design bas heen retained for the Atlas/Centaunr Jdesigns, i
However, bhecanse the manimum nonope riating temperature of elements, the '
probe rf subsystem has been inereased to S2390 (<1091 for the Attas/Centaur

desipn, heater power is required from the probe hus during the early portion

The range of sun angles experienced by the large probe hetween
senaration and entry are shown in Table 8-13,  As the Jarge probe approaches
Voenus, this sun angle variation results in stendily ducreasing solar heating
despite the increasing solas constant, Therefore, probe ternperaturcs will
tend to decrease, However, at sun angles greater than about 52 deg, the aft
cover receives illumination., 'This tends to increase probe temperatures,
depending upon the choice of finishes., Since the primary thermal design
objective is to provide minimum temperatures at entry, the approach was to
use & low solar absorptance on the aft cover. The selection of black paint
and aluminized teflon on the heat shield, silvered teflon on the illunminated
. ft cover surfaces, and black paiot on the acroshell base and on the aft cover
of window is shown in Figure 5-51. To minimize bus heater power required
during transit, an insulated enclosure is provided around the aft cover and
heat shield base., This is necessary because these surfaces would otherwise
absorb little solar energy while dissipating substantial energy during the
transit nrission when the sunis normal to the probe spin axis.

The small probe thermal finishes are also shown in Figure 5-51.
Yince the small probes experieuce less sun angle variation, illumination of
the aft surface will not occur. Therefore, these surfaces have a high absorp-
tance (black paint), which tends to minimize bus heater power.

Mass and Power Summary and Hardware Derivation :

A summary of the spacecraft thermal control hardware is shown in
Table 5-14, along with heater power requirements. The derivation of this
nardware is similar to that shown for the Thor/Delta designs.

Spacecraft Design Pe rformance

Bulk Temperatures

The bulk spacecraft temperatures were derived using the thermal
podal models shown in Figures 5.52 and 5-53, which are rimilar to those
used in the Thor/Delta studics.

The bulk temperaturcs of the probz bus are shown in Table 5-15 for
the principal steady state design conditions using equipment shelf power hased
on the requirements and solar array characteristics given in subsection 5, 2,
Similar results are shown in Table 5-16 for the orbiter spacecraft, 'These |

temperatures indicate the reguired margins are met with satisfactory margin.
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TARTLI A-144,

ATTAS/CENTAUR 11'ERMA L CONTROT, MASS
AND POWFR REQUIREMEN'TS

ProbeBus_ . Orbiter ______
Mass Mass
kg 7 1b Power, W kg b PPower, W
j.ouvers® ( 2.9 0.5 - ( 3.0) 7.8 -
Plankets /support 1.5 25, 2 - 10. 6 23.2 -
Shelf doublers 2.3 5.0 - 2.3 5.0 -
Coatings 0.9 2. ¢ - 0.9 2.0 -
Temperature seasors 0.1 0.2 - 0.1 0.3 -
Thruster heaters:sik (0. 16) 0.4 4,6 ( 0.2) 0.5 5.8
OIM heater - - - ( 0.04) | (0.1) 15.0
Tank heaterss: (0. 27) (0. 6) 10.0 ( 0.27) | (0.6) 10. 0
Totals 14.8 32. 4 14. 6 13,8 30.5 30.5
% Mass tabulated in Controls Subsystem.
2 Mass tabulated in Propulsion Subsystem.
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However, as was the case for the Thor/Nelta design, temperature
extremes for the orbiter spacecraft will be encountered during transient
conditions, Using the orbiter bulk model, the orbhit insertion phase was
examined to determine maximum time which could be spent in the worst case
attitude before the equipment temperature limits were exceeded. As shown
by the response given in Figure 5-54, bulk average temperatures of 46°C
(1150}“) are reached in 3, 5 hours for the worst sun angle (114 deg). This
satisfies the temperature limits for most equipment operating during this
period. However, the high power density rf units, i. e., the transmitter
power amplifiers, will sustain local mounting surface temperatures about
11°C (20°F) higher than the bulk average shelf tem%erature. Therefore, i
these units require higher temperature limits of 60°C (140°F) to meet this
transient condition. Also shown is the response for the nominal sun angle
of 111 deg, which results in a shelf bulk temperature of 40°C (104°F). This
analysis was based on louver solar loads derived from the interreflectance
test given in subsection 5. 2. While this data was developed using a model of
the Thor/Delta aft cavity geometry, it is considered applicable to the Atlas/
Centaur design. Although the conical thrust tube would tend to increase
reflected loads, the major source of reflections is the solar panel. Since
the proportions of the cavity are similar, no major differences in this latter
effect is expected., Furthermore, as indicated in the referenced test report,
some conservatism is present in the data because of modeling limitations,

Minimum orbiter temperatures will be experienced during the apoapsis
eclipse in Venus orbit, Bulk shelf respunse is shown in Figure 5-55, along
with propellant tank temperature. As indicated, shelf temperature remains
well above minimum limits, The propellant tanks are shown to be above
their lower limit after the 1. 8 hr eclipse duration associated with the 1978
Type Il mission.

The alternate 1980 launch results in an eclipse duration of 3. 2 hrs.
The tank temperature for this eclipse duration is shown to be at the limit,
The effect of providing 5 W of heater power per tank is also shown to produce
acceptable temperatures for this extended eclipse., However, shelf tempera-
ture is approaching its lower limit of 4°C (40°F).

The other transient design conditions, including first TCM and
periapsis heating, will have effects similar to those shown for the Thor/Delta
designs,

Shelf Temperaturcs

Temperatures of shelf units is shown in Table # .17 for several impor-
tan orbiter design conditions., The early cruise mode results in steady state
temperatures well within the lower bulk shelf limit of 49C (40°CF), The apoap-
sis uperating mode in Venus orbit (no long eclipses) results in temperatures
substantially below upper limits. Temperatures for the orbit insertion, and
apoapsis eclipse transients are also shown. The orbit insertion transient with
maximum solar illumination in the aft cavity results in maximum unit tempera-
tures. As shown for a 3-1/2 h period, the power amplifier temperatures
slightly exceed their 60°C (1400F) limits as do the ADP and T/M processor,
Because some degree of conservatism exists in the lower solar loads and

£-93




C

TEMPERATURE

TEMPERATURE =C

204

5‘0-

40

A5

A0 +

25 ~

20+

TEMPERATURE °F

TEMPERATURE °F

‘4\»-'

1
g *
120 ; *3
9 4
w ;
4R
- I !
o A =
— Ll s
A :
100 & - :
- .
A’ :
Y
%0 &ELF(’&‘ 24°H‘/ v /
uu I .
8o 4? '
SHELF (Feg e, NosaL)
10 . GMELE PIWER. DUSIPATION
) I"T9® wATrS
wo} :
2
Re F ) & """ % ) 78e [~ B TR “HE
' TIME ~ MINUTES
FIGURE 5-54. ORBITER TRANSIENT RESPONSE OF EQUIPMENT SHELF.
ORBIT INSERTION
[ 2]
e
2
() 2
“
[
M0
\ = PROPEUANT TAMKS (HTR 08 @ smvam m}
60 g = A —N_‘/ e B WINMST SHELF
=il ""'"#-..___‘ R ) "--...__;
- - ' B —~—4
50 - -~ ... . \"'\ '.\\ e -~
- L ol N \"‘-. TR
PAGPRUANT TANKS — .- Y
(HEaTens om -
s T
NOTER! PROPLANTE WaianT !
_ MR TN ) (rsems)
]
— ECLIPSE R MH 0 sALm
an - . .
] 20 40 (1] ”® 190 120 140 v . =0

4T|Mﬂ r— MNLJT&:S
FIGURE 5-85, QRBITER ECLIPSE RESPONSE IN VENUS ORBIT

bahbara




T .

T

.

o n

o B = )

n

)
|
!
§

SLINO A

b odia"a™ USRS i Lt R R U e

\O
\G
\O

QO
O

NO

~

i)

0

\OQ

O

|

uorg
WOt
tie )
(RIS R
ot
tel 1t
tee

tetil
10117}
tells
[R R3]
[EER S
n
(32 ¢}
(I A

ED
L B
LA R
ire
[RX10 B
(R4}
(IR
(YRR ¢}
(RS B

[ §)

e
Carge

5

*E
ot

wg

Y
T L

"
"+

\O
\O

\NO

NQ

E )

RIRSTERIEIT] I YIOU TS

R LINL VTS

da Y UrULIXE

!
|
i
|

(RIS

(ETY]
ead
Q&
Cha)
(R
(KR Y]
@9

(44

Y]

Ay
O
O

NO

NO

\O

0

hXe)
NO

-~

-

T

RITANY

(B S LVEY

e

e

TR ARl st JRavY Yy

LU UG R,

-

LUNCD CLG BIFG apudigy’

Doa e m e w aw

LCIRPUDG B RGO

ORIGINAL PAGE 15 POOR.

[
1

et

LT IR R RTS § Yo 1

HE

]

Y OFf

REPRODUCIBILIT

e

Li-9 JTdVL

A I s

5,



because these temperatures exist only briefly, operating in the region of unit
qualification margin (£ 10 C) was considerced acceptable. he baderies
approach 38°C (100° F). Iloviever, they are nonoperating during this phase
as is the entire experiment complement,

The transient experiment operation at periapsis results in maxinnm
temperatures within limits,  Satisfactory minimnm battery temperatures are
shown for both the 1.8 h and 3.2 h apoapsis eclipses.

- m-mla?_f?-‘ "“W‘?’ﬁ'f . Lo E——

Solar Array Temperatures

Solar array temperatures, including those during orbiter periapsis
passes, will be similar to those shown for the Thor/ Delta designs, ?

BAPTA Temperatures

The BAPTA design is similar to that proposed for the Thor/Delta and

the thermal integration into the spacecraft will be similar, i.e., DAPTA {
enclosed in the forward insulation blanket and the high gain antenna mast :
insulated. ;

The BAPTA temperature extremes are dependent on the spacecraft
boundary temperatures which are similar for the two designs.

Thruster Temperatures

The temperatures of thruster assemblies shown for the Thor/Delta
design are generally applicable to the Atlas/Centaur corfiguration,

Orbit Insertion M_otor

Temperatures and heater power required for the orbit insertion motor
are shown in Table 5-16, indicating satisfactory margins,

Spacecraft Design Tradeoffs

Louver Arrangement

Because the louver actuator senses mounting surface temperature,
proper control is achieved when the louvers are mounted to the equipment
shelf. As discussed in subsection 5, 3, interreflections limit the minimum
solar absorptance achievable with a louvered radiator to about 0. 22, This
requires that the louvers be located so that direct solar illumination occurs
only transiently at most, This is particularly important at Venus where
solar intensity is nearly double the value at Earth,

As indicated in Table 5-13, prohe bus attitude requirements result in
extensive steady state solar illumination of the probe end of the spacecraft,
while the aft end is illuminated for not more than | hr near zarth during the
first TCM. These attitude requirements, combined with the mounting arrange- R
ment of the small probes, makes spacecraft heat rejection {rom louvers i
mounted on the probe side of the equipment shelf very difficult. Therefore,
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Jouvers are mounted on the aft side of the shelf and equipment on the forward
side. This nlso satisfies experiment requirements for fields of view forward
along the spin axis.

The orbiter spacecraft configuration could accommodate forward
radiating louvers, since the HIGA represents minimal blockage. Furthermore,
the orbiter attitude requirements do not result in any long term solar illumin-
ation on the torward end of the spacecraft. Conversely, the orbit insertion i
attitude causes moderate illumination of the aft cavity for a minimum of 35-1/2 :
hr. To simplify mission operations, it is desirable to extend this time it ’
possible. This suggests that the optimum orbiter thermal configuration is :
an arrangement placing equipment on the aft side of the shelf with the louvers '
radiating out the front end of the spacecraft, as illustrated schematically in ;
Figure 5-56, However, experiments requiring a forward view must also be
mounted on the forward side, complicating the forward thermal blanket design
and creating some additional louver blockage.

This arrangement, also shown in Figure 5-56, does provide the g
capability of maintaining the orbit insertion attitude indefinitely without over- '
heating the equipment shelf. The constraint then becomes orbit insertion motor
prepellant overheating. However, this would not occur for several additional
hours, because of the large motor heat capacity., Furthermore, this constraint
could be removed if the motor nozzle finish was modified to a lower tempera-
ture level, This would, of course, increase heater power required near earth.

A disadvantage of this reversal of lower mounting is loss of shelf
design commonality between probe bus and orbiter. As mentioned above,
thermal blanket design is substantially more complex because of the need to
cover experiments on the forward side of the shelf; access is also impaired.
This approach was not selected because the cost of deviation from a common
shelf design was deemed unjustified when considering that the selected base-
line configuration can provide the 3.1/2 hr minimum time in the orbit inser-
tion attitude,

Consideration of mounting all equipment and louvers on the forward
side of the shelf was discarded because of excessive shelf weight required
to conduct unit dissipations laterally to the louvered radiator svrfaces, This
could be reduced by using heat pipes embedded in the shelf at the cost of
increased complexity and departure from flight proven design., Furthermore,
shelf area is probably insufficient to achieve a workahle arrangement.

Aft Cavity Design

The thermal finishes selected for the surfaces forming the spacecraft
aft cavity strongly influence the solar loads received by the louvered radiators.
Because time in the orbit insertion attitude is limited by shelf temperature
rise caused by the solar heating of the aft cavity, alternative cavity designs
have heen studied, The first alternative considered was the removal of the
solar panel insulation and painting of the inboard surface of the panel black
to reduce solar reflections. This results in a substantial reduction in panel
tempe rature (from 729G to 329C) and an estimated 50 percent reduction in
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solar loads on the louvers, However, the radiation coupling of the louvers to
the solar panel, even at this reduced termperature, increases the prenrbit
insertion shelt temperature level 59C,  The net result is that shelf tempera-
tures after 3-1/2 hre at the orbit insertion attitude are nearly the same as
predicted tor the bascline design,

Another approach considered was the retention of the solar insulation
and the decrease of solar reflectance of all insulated surfaces by some means,
This would reduce louver solar heating by al out 85 jercent, However, the
means lor achieving a "black' outer surface on the insulation blankets is not
obvious, Kapton has been painted black for some applications other than
insulation blankets, Tlowever, the paints which have bheen used could not
withstand the high temperatures expected from orbit insertion motor exhaust
plume heating, Iigh temperature paints tend to be brittle, making them
undesirable for application to the flexible insulation blankets, A black fiber-
glass insulation cover could be used, but its weight would equal that of the
insulation, Becausec of the uncertiinties in the implementation of this approach,
it was not considered further.

Shelf Desig:

The use of heat pipes to provide lateral conduction patns along the
equipment shelf was considered as an alternate to doublers, Early studies
indicated that for shelf arrangements where units dissipating 5 W or more are
located some distance from a louver, no reasonable doubler thickness could
provide the necessary conduction path. A limited examination was made to
determine a heat pipe arrangement which could provide this path. Such an
arrangement is shown in Figure 5-57. The pipes were assumed to be alum-
inum using ammonia as working fluid. The major consideration is the allow-
able temperature difference (AT) from unit base to the louvered radiator.
Excluding drop across the shelf thickness, this AT was selected as 10°C
(189F), assuming the shelf temperature over the louvers was 200C (689r),

However, it was concluded that careful arrangement of equipment
resulting in the location of units dissipating 5 W or more steady state directly
over louvers could achieve the same objectives. The use of doublers in this
case is more cffective since their primary purpose is to limit local power
density rather than transport energy laterally along the shelf. As indicated,
the baseline doubler weight is comparable to that shown for the heat pipe
arrangement, The doubler approach was selected hecause of its simplicity,

Probe Design Performance

The larpe probe temperatire histories throughout the preentey mis -
sion are shown in Figure 5-58.  As indicated, the desired mininwin pressure
vessel interior temperatures are achicved at entry just prior to the final
checkout,  The minimuoio shelf temperatures oceur at the heginning of the
transit mission.  As indicated, to maintain shelf temperatures above ~23°¢
(-10°1), 15 W of probe bus heater power are required, ‘Ihe variation of
power required versus minimum shelf tempe ratiire is shown in Figure 5-89,
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An alternate design approach was considered which could eliminate
this power requirement, By increasing the solar ahsorptance of the aft cover
{i. e., black paint) and making the appropriate change in the heat shield strip.
ing, the desired entry temperature can be achieved while increasing the probe
temperatures at the beginning of the transit mission, This, of course, also
entails the deletion of the insulated barrier enclosing the aft end of the large
Probe when mounted on the bus., The resulting temperature histories are
shown in Figure 5-60, assuming no bus heater power., Unfortunately, this
design results in shelf temperatures approaching -18°C (09F) during the
period between separation and entry. It was decided that there was some
risk in operating the battery at this temperature even at the low load required
during this time,

selected.

Therefore, the more conservative design approach was

~

The small probe temperature histories are shown in Figure 5.61, Here
again, heater power (5 W) is required to maintain minimum survival tempera-
tures. A somewhat different postseparation temperature history is shown for

the small probe

s in that temperatures increase slightly with time rather than

decrease, as shown for the large probe. This is attributed to the smaller
variation in sun angle which tends to be more than offset by the increasing
solar intensity as the planet is approached, The entry temperature design
point of ~1°9C (30°F) is retained to favor the descent thermal control design,
Although the battery minimum temperature margin just after separation is
somewhat reduced (3°C instead of 5°C s provided at entry), the low battery
load at this time makes this acceptable,
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6. HARNESS SUBSYSTEM

The harness subsystem for the probe bus and orbiter consists of the

harness assemblies, comprised of wire bundles, conn

ectors, and ancillary

hardware, mounted on the forward side of the equipment shelf; it provides

interconnections for all units of all other subsystems.

An evaluation was

made of the use of small gage wire (28 AWG) and microminiature connectors
in lieu of the more conventional heavier gage wires (24 and 22 AWG) and sub-
miniature connectors for weight and volumetric savings (Study Task EP 3),
This study was limited to that portion of intercabling served by insulated

conductors terminating in multipin connectors; rf circ
and coax are described in the communication subsyste

The tradeoff consists of savings in weight at th

uits requiring waveguide
m section,

e expense of reduced

reliability and increased cost, Data derived from an experimental harness
fabricated with the lighter components was favorable with respect to durability,
The estimated cost increment is significant but not excessive.

Weight calculations for conceptual cabling subsystems show savings

in excess of 32 percent for both spacecraft,

Since the tradeoff is primarily cost versus wei

ght, the 28 AWG/matrix

connector combination was selected for the Thor/Delta baseline to achieve
weight improvement. For the Atlas/Cencaur baseline, the 24 AWG/matrix

connector combination was selected to minimize cost.

6.1 REQUIREMENTS

The harness subsystem, including component, process, and material

selection, must be designed and fabricated to provide
tion of size, weight, electrical performance, reliabili

the optimum combina-~
ty, and envircnmental

protection. These characteristics must be achieved while considering

minimum cost and maximum accessibility, This subs

ystem must also provide

appropriate interfaces, both clectrical and mechanical, with all other sub-
systems, Finally, the design must satis{y functional requirements of EMC

control, magnetic field suppression, EED safety, and

electrical bonding,

For an intercabling system definition, interconnect requirements
must be known or assumed, These consist of equipments, equipment config-

uration, number and sizes of disconnects per equipme
signal destination per equipment, routing paths and wi

6-1
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were derived from preliminary subsystem specifications and design data,
Where preliminary requirements werc not definitive enough, the assumption
wWas made that the interconnection data would be similar to that of correspond-
ing subsystems on prior space vehicle design,

6.2 TRADES

Most of the requirements noted in the preceding subsection are in
conflict, such that optimization of any one parameter results in degradation
of others, In considering tradeoffs, the one area which seems the most
Promising with Fespect to feasibility and improved mission capabilities is in
the rield of cabling size and weight, Wire and connector size can be reduced
from accepted standard practice without compiomising electrical performance,
In very few circuits is Copper size dictated by voltage drop or current carry-
ing capacity considerations, Minimum wire gage and connector size are in

Nost cases selected on the basis of the mechanical strength required to with-
stand handling,

Convent.onal Hughes practice on all prior space vehicles has been the
use of 24 AWG wire, in high strength copper alloy conductor, as an acceptable
minimum, in conjunction with a class of connectors denoted as subminiature,
An evaluation was made of the use of small gage wire (28 AWG) a

Feasibility of harness fabrication with adequate durability, using these
materials for similar intercabling requirements, had pPreviously been demon-
strated in a Company-sponsored IR&D program (TIC No. 4114,20/65, dated
"4 Mar, 1972: IR&D Summary Report Light Weight Harness Design),

In the connector terminology used herein, which is in agreement with
vendor's data sheets, subminiature refers to connectors having number 20
contacts on 0, 100 in, centers, and microminiature describes connectors
having number 22 or smaller contacts Spaced on centers substantially less
than this, down to 0, 050 in. Typical of the subminiature class is the Cannon

DM rectangular; typical of the microminiature class is the Cannon MDM
rectangular,

Conclusions from the Company-spensored program were as follows,
The microminiaturc connector having wire form solder contacts on 0, 050 in,
centers presented significant assembly problems s Compared to another
candidate having insertabje crimp contacts on 0, 075 in. centers, This
latter conncetor, the Matrix Doublc-—I)ensitynD (Figure 6-1), was Judged to
be an acceptable compromise botween the subminiature and microminiature
classes of connectors. As its name implies, it provides double the contact
density in the same shell size as the corresponding standard subminiature,
but can he readily wired using standard as sembly and handling techniques,
For these reasons, in addition to the fact that the Matrix design has been

“Vaite:
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qualified and slated for use on the OSO program, this connector was sclected
as the standard for evaluation of wiring techniques in the probe bus and
orhiter,

For those few leads where voltage drop considerations might negate
28 AWG, the connector can be provided with contacts as required to accept
cither 24 or 22 AWG wires,

In the Company-sponsored program, a multiconnector harness having
wire runs averaging three feet was constructed employing 28 AWG wire
(Figure 6-2), To simulate the n.ost severe handling conditions, the harness
was subjected to several rework cycles, The sssembly technicians reported
no difficulty in working with the small gage wire, either during initial fabri-
cation or rework at the crimp type connectors as proposed for Pioneer Venus,
and no failure modes were encountered,

The tradeoff incurs an increase in both design and manufacturing
costs, resulting from the development of new processes, procurement of
new tools, and greater difficulty in handling and terminating, particularly
where shielded wires are involved, which were not evaluated in the experi-
mental harness, Miniaturization implies tighter, hence more costly,
tolerances; e.g., the tolerance on crimp indent depth {for 24 AWG wire
would be unacceptable on 28 AWG wire, The major cost increment is in the
area of manufacturing labor costs, estimated to increase by 20 to 30 percent;
for the probe bus, the cost delta is approximately $11, 000, and for the
orbiter, the delta is approximately $15, 600,

The weight tradeoff, however, is significant; Table 6-1 shows, for
28 AWG, a savings of 2, 22 kg (4.9 lb) for the probe bus harness and 3, 2] kg
(7. 0 1b) for the orbiter harness for Thor/Delta.

6.3 THOR/DELTA BASELINE DESCRIPTION

Both the probe bus and orbiter harness subsystems are comprised of
several major harness subassemblies, mounted on the shelf with breakouts
as required to subsystem units, Because of higher equipment density on the
orbiter, this cabling subsystem will be larger, more complex, and weigh
mor ¢ than that provided for the probe bus,

A conceptual cabling scheme was devised for the orbiter and probe
bus configurations, and weights calculated with the tradeoff being 24 AWG
versus 28 AWG, All versions employed the Matrix connector. Results are
tubulated in Table 6-1. and the input data was derived using the following
assumptions:

) Total nuruber of connectors required reflects the configuration
of units as defined ot the time of the study

. Average weight per connector was derived from an assumed mix
of connector sizes required




. Number of circuits (wires) required was based on schematic
dati a8 available at the time of the study

. Average itength per wire was based on structare size, cquipment
placement, and available routing paths

e Wire weight/unit 1ength (kg/km) assumes use of wire having
insnlation per MIL-W-81044, cmploying in addition a conventional
mix of shielded, unshielded, and multiple constructions

Table 6-1 indicates the weight savings which can be achieved through
the use of 28 AWG wire and dictates its selection for the Thor / Delta baseline
where weight reduction is of paramount importance.

6.4 AT LLAS /CENTAUR BASELINE DESCRIPTION

in a manner similar 1 the Thor/Delta baseline, as described in the
preceding paragraph, the harncss gubsystem will be arranged on the equip-
ment shelf with appropriate breakout pigtails. Assumptions required to
arrive at a weight estimate arec as for Thor/Delta, with the following excep-
tions:

° Mininiuam wire size is 24 AWG.

e Average length per wire is scaled up by 20 percent to
account for the largerx diameter equipment shelf, as
is wire support provisions.

e The Atlas/Centaur orbiter version includes the following
equipment items over and above the Thor/Delta con-
figuration:

1. Two power amplifiers

2. AnX band transmitter (coaxial included in the
communications subsystem) ;

Table 6-2 summarizes the weight delta for just these items.
Fable v-3, hased on the foregoing assunmptions, summarizes the ha rness
subsystem cha cacteristics and weight estimatcs.
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THOR/DELTA SPACECRAFT STRESS ANALYSIS
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LARGE [RoBE Svrror]

JHE LARGE [OBE SuFPFRBRT JRANSMITS [EL
Forees PRODUICED IN JHE LARGE FROLE AND THE
LOTERAL [oRCES JRoODUCED IN JHE SMALL FPROBES
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Dz = 4.0 .
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SHELF _SuPADRTS. )

JHE  StlE Lk SUPROR T SrRrurs JICANSMIT A RRT:on/
OF THE EuirMeNT Lopos JO THE JuftvsT JvBe&, JHEr
ALSO IPRovins JHE REQu LD ACOI PONAL STIFFNESS Jo
JHE EPUIPMENT SHELF IN ORDER J@ SRATIS;~Y Ti/E-
LY NAMIE ENVIPON MEN T

/- DESIGN LoRD
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LALPTA _Surrory 1

THE BAPTA SUPPORT IS REPURED J& JIANSMIT
TJHE fFoRces FROM THE MAIN BEARING AND FOWER
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ERECEDING PAST

r]’///Zc/.s 7 JURE

e  JHRUST JVBE 15 [CEDUIRED J& JiRANSAIT e
SPACEERAF] LORDS T TH& [ANCH VEHICLE ATTRCN FITT NG

/- Oesign  Loaos 4 ceomerRY

Ha=53.0 mw. Hr= 39.53 . (Re. A /% 12)
WEIGHT oF Afe FROBE RS (WA) = 1792.¢ W&
WEIGHT oF T/D PRe8E Bus (W) = B45./ 8 (e A, 312)
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LARGE FIPLE ATTACH SIRVETURE

JHE LARGE PPToBE ATTACH STRUCTURE JEANSM I TS
AL FORCES PRODUCED N THE (ARGE FAOEE Ame JHE
CATERAL [ORCES [RoDUCED m JiE SHALL FROBES 70
JHe THRuS] 7VRE .

/- DESGN LoAps

e PURTL - R

e & "o 20

(3) Auow. sué Bueximg Loabds

0o, = 39.50 M.

WEIGHT OF SMALL PROBES (Wep) = / $20.7 LE)
; SMALL FREBE CAT. LoRd FACTOR (1) = 7.52 (iTEF.A, Are )
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SHELF _SUPPORTS
THE SHELF SuPPORT STRUTS TRANSMIT A PoRTioN

ALSo PROVICE THE RERUIRELD RDOIJIONAL STIFFNESS T
THE EQUIPMENT SHELF (N ORDER 7o SATISFYy THE
OYvaAMmIC EMIRON MENT.

S~ DEsigN LOoAD

Fe 5 (KE)(#)

Ws
STReT LoAD (Rr) = 4760 N (1068¢8.) (KeF. A, FPrL, & %0)
JorAe SHELF Loap (Wh) = (7#6.38)
JeraL SHELE LoD (W) = (369.78) (Fzr. A)

No. oF STRvTS (Mp) = 12
No. oF SIRUTS (Ns) = ¢ (Rer . A)
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SMALL PRORE SUPFORTS

THE VERJ/ICAL SJRUTE ARE RERURED Jo JEANSMIT
JHE SMALL FROBE FORCES IN THE LoNGITVLINAL DIRECTION
JO THE EQUIPMEN] SOFPRT SHELF. Tie (ATERAL
SUFPPORT BEAM TRANSMITS JHE SMALL FRORE
CATERAL [FORCES B JHE LARGE FRORE SwFAFORT.

/- L&siaon  Loar s
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